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ABSTRACT

The purpose of this investigation is to qualitatively explain
the flow phenomena which occur on a balanced flap type control sure
face at supersonic speeds and to find means of calculating the pres-~
sufe distributions occurring. The popular and generally useful
lineé.rized flow theory, and in fact any inviscid theory, cannot be
used since viscosity plays a predominant part in the determina-
tion of the flow., It is shown that the flow often involves shock in-
duced separation and reflection of shock waves by these separated
wakes, Experimental data in the form of pressure distributions
and shadowgraph pictures of thg flow are used to arrive at a de-
scription of the flow, By use of the empirical results given, a
method of predicting the pressure distributions for this type of
surface is derived, This procedure is then used to calculate sev-
eral pressure distributions which are compared with those exper-
imentally determined,

The separation effects that occur at the larger angles of
attack and/or control surface deflection angles cause the control
effectiveness and hinge moments to be very non-linear, It is
shown that the use of a gap between the wing and control surface
delays or eliminates separation depending on the size of the gap
used, Data are presented for a typical control surface, in which
the hinge moments were reduced by a factor of 8 or 10 by using
a gap between the wing and control surface, A method is given

for estimating the size gap necessary to achieve this reduction,
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1. PURPOSE
To understand the flow phenomena which occur on a bal-
- anced flap type control surface configuration at supersonic speeds,
and to determine a suitable method of predicting the pressure

distribution,
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II. INTRODUCTION

While the author was in charge of wind tunnel testing at
the Hughes Aircraft Company, wind tunnel tests of numerous con-
trol surface configurations showed that their effectiveness and
hinge moments were considerably different from what would be
expected from classical theory, These effects were first noticed
in 1951 and were most apparent at Mach numbers above 3, Test-
ing was continued through 1953 during which time force tests on
a large number of control surface configurations were made,
However, the force tests were not sufficient to give a detailed
picture of the flow from which an understanding of the flow phe-
nomenon could be obtained, Many of the results of the force
tests which were quite puzzling at the time are now obvious from
the knowledge gained in the current series of tests,

- The lack of understanding of the force results obtained
in these control surface tests suggested the subject of this
research project, The Hughes Aircraft Company, being inter~
ested in this work, permitted the author to use its facilities to
design and build the necessary models and to run the tests in
the Jet Propulsion Laboratory 12 Inch Wind Tunnel,

Balanced control surfaces are used to reduce the hinge
moments and thus the forces required to move the surface, In
guided missiles and in current aircraft using hydraulically actu-
ated control surfaces, this can result in a considerable weight

reduction in the hydraulic system, Because of the high growth
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factor that occurs on some missiles, it has been estimated in
some instances that the use of unbalanced control surfaces in-
- stead of balanced surféces would double the overall weight of
‘the vehicle if the same performance were maintained, There-
fore it is felt that it is important to understand the character
of the flow over such surfaces,

In the force tests performed while at the Hughes Air-
craft Company, it was found that one could ameliorate the flow
changes with Mach number by using a gap between the contl;ol
surface and the main surface, This idea was further investi-
gated in the present tests to determine and understand the ad=
vantageous changes that result from the use of a gap,

In order to explain the flow phenomenon on a balanced
flap type control surface, it was decided that both visual and
pressure distribution data would be useful, The tunnel avail=-
able for these tests was the 12 Inch Supersonic Wind Tunnel at"
the Jet Propulsion Laboratory. It was decided that the simplest
model that would represent the flow conditions adequately would
be a two dimensional model with wedge cross sections, In de-
signing the model, it was found to be more practical to use two
models, one for the visual tests and one for the pressure mea-~
surements, Details of the models will be given in the next sec-
tion,

At the beginning of this program, it was only known
that the force tests, available on a large number of configura«

tions, did not agree with any of the known theories., After the
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basic flow phenomena had been identified from the test data as one
of shock induced separation, it was found that there were a few
papers that discussed this effect to some extent, but not specifically
as applied to control surfaces, Also the present configuration was
different in that it was an actual control surface model whereas
the prkevious authors had primarily investigated the effect with
steps and wedges mounted on flat plates, However the results
of other authors were useful after the shock induced separation
was identified in the control surface problem, While this investi=
gation has been in progress, several papers have been published

on the general shock induced separation problem,
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III. MODEL CONSTRUCTION

To accommodate the two dimensional model in the Jet Pro-
‘pulsion Laboratory 12 Inch Supersonic Wind Tunnel, a special sup-
port system was designed and built to replace the usual windows
in the tunnel sidewalls, For the pressure model the new "windows!'
were made of steel to facilitate bringing the pressure leads out of
the tunnel. Photographs of these windows on either side of the
tunnel are shown in Figures 1 and 2, The wing mounts in the rec~
tangular slot at the center of the window using spacer blocks to
fill the remainder of the opening, These blocks were provided
in different sizes to permit the wing to be moved fore and aft to
provide a gap between the wing and control surface, Blocks were
built to give gaps of 0,020" (called zero gap), 1/4", 1/2", 1"
anci 2"y The control surface remained in a fixed position in the
tunnel for all gap settings. A photograph of the pressure wing
showing the pressure tubes emanating from the ends is shown in
Figure 3, The tubes are connected by short lengths of tygon tub-
ing to a cover which encloses the entire rectangular opening shown
in Figure l, This cover has short tubes protruding from its inner
and outer surfaces and is the means of bringing the pressure lines
- out of the tunnel, This cover also provides a seal for the tunnel,
Pressure lines are brought out of both sides of the tunnel so there
are similar cover plates on both sides,

Behind the main rectangular slot is a cylinder that holds
the control surface and brings its pressure leads from the surface

in the tunnel to the external tubing, while sealing the tunnel, This
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cylinder rotates to provide the control surface deflections, The
cylinder is on one side of the tunnel only and all control surface
pressure leads are brought out on this side. The window on the
other side of the tunnel has a small hole for the shaft that is on
the other end of the control surface, as shown in Figure 4, The
cylinder is driven by a worm gear that in turn is geared to a
small reversible D, C, motor,

The windows were rotated to change the angle of attack,
Since each end of the wing is rigidly connected to a window, it
is imperative that these windows move together; otherwise the
‘wing will be twisted. To accomplish this, wiﬁdows were driven
by a single motor located under the tunnel through a series of
worm gears and chain drives, Because of-t'he large gear reducs
tion, the play occurring in the chain drive is negligible, As may
be noticed from the photographs, Figures 1 and 2, the drive sys-
tem was very conservatively designed and gave excellent service,
The system moved the model at about one-quarter degree per
second, but this could be varied by cone pulleys on the motor and
initial drive shaft. The motor was reversible and could be driven
in either direction by a lever switch mounted on a control box in
the tunnel control room, The angle of attack was measured by a
potentiometer, mounted on one of the ""windows', connected in a
bridge cir éuit with a multiturn potentiometer on the control box,
The angle of attack could be set to an accuracy of better than 0, 1
degree,

The visual windows are very similar to the pressure win-

dows, except that they had a six inch optically ground high quality
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glass insert in a location that made visible the entire control sur~-
face and the area approximately 23 inches ahead of tfhe control sur-
face's leading edge. A steel insert in the glass provided a support
point for the control surface shafts, These windows were driven to
change angle of attack in the same manner as the pressure windows,

The visual control surface was deflected by an arm attached
to the shaft that is in line with the aft portion of the control surface
so that it would not block any of the view of the flow, This arm had
a worm gear attached that was driven by the same motor and drive
system pictured in Figure 1, This motor was operated from a con-
trol box in the tunnel control room, A potentiometer mounted on
the motor blof:k was wired in a bridge ciréuit to indicate the control
deflection to the operator of the control box,

The visual model, a photograph of which is shown in Figure
5, was made of steel, A drawing of the aerodynamic configuration
of the model is shown in Figure 6, The gap between the sidewalls
and the model was held to about 0,005 inch or less to eliminate
three dimensional effects. There was a second visual model with
a larger chord to obtain the effects of turbulent flow on the wing,

A drawing of the larger model is shown in Figure 7,

The pressure model had exactly the same aerodynamic con-~
ﬁguré.tion as the visual model. It was made of steel, in two halves,
with slots cut into both halves to serve as pressure lines, These
slots had an average size of about 0, 05 by 0,09 inches but were
both larger and smaller as the thickness of the surfaces would per-

mit, The two halves were brazed together with a 0,010 inch steel
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shim between them to separate the pressure slots for the upper and
lower surface. Drawings of the model with the chordwise locations
of the orifices are shown in Figures 8 and 9, The orifices had a
diameter of 1/32 inch and are located in two rows 1/4 inch apart
at the center of the span, The orifices were placed in two rows
so ‘that the center section would not be unnecessarily weakened,
The pressure lines emerging from the cover plates on the windows
were tied to the manometer through about 25 feet of 1/8" I, D, tygon
tubing, The lag in the manometer response was calculated, and
this size tubing was found to be close to the optimum for the vol-
umes involved, In only one:case was the lag appreciable and that
was in the case of one tube whose orificelwas located in the lead-
ing edge of the control surface so that it had to be made of stain-
less steel tubing with an I, D. of 0.010 inch, Even here the lag
was not significant unless large changes in angle of attack or con-
trol surface deflection were made,

Some difficulty was experienced with the supporting shafts
of the visual control surface model, The dynamic loads that this
surface experienced due to separation and tunnel choking were ap-
parently much larger than anticipated and required some minor
redesign during the test to increase the strength, Near the choking
condition, a control surface buzz developed which caused the shaft

to pass the elastic limit in several cases prior to the redesign,
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IV. WIND TUNNEL

The tests were made in the 12 Inch Supersonic Wind Tunnel
at the California Institute of Technology, Jet Propulsion Laboratory,
Reference 1 contains a description of this tunnel, The tunnel is cap=-
able of being run at Mach numbers between 1,25 and 4, 04 by means
of a flexible nozzle adjusted by manual jacks, At Mach numbers
below 2,20 the tunnel has a 12 x 12-inch test section, whereas above
this Mach number the test section is reduced to 9 x 12 inches, The
supply pressure into the tunnel may be varied to change the Reynolds
number, For most of these tests the supply pressure was varied
with Mach number to provide a constant dynamic pressure in the
test section, For a small portion of the second visual test the
supply pressure was reduced to about one quarter of its usual value
tc') give a reduced Reynolds number, The following table gives the

nominal tunnel operating conditions for the tests,

Mach Number 1,70 2,60 3.52
Static pressure 8.1 3.4 1,86 psia
Stagnation pressure 40 68 146‘ psia
Dynamic pressure 16,3 16,1 16,1 psia
Reynolds Number 6
per inch ¢ 36 o 42 - 2«54 x 10

The manometer board was equipped with 50 tubes filled with
Meriam unity oil, 50 tubes of acetylene tetrabromide (TBE}, and
30 tubes of mercury, Many orifices were connected to both the unity
oil vand TBE tubes or to the TBE and mercury in order to keep the

accuracy high under all conditions, Usually only one of the two tubes
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would be connected at a time,; to keep the volume and thus the lag at
a minimum, The manometer board was 250 cm.high, A photograph
of the board is shown in Figure 10, The manifolds on the manometer
were tied to a static pressure orifice in the test section upstream of
the model so that the tubes read the difference between the local
and free stream static pressure, Guillotines were used on all of
the unity oil and TBE tubes so that they could be shut off for start-
ing and stopping the tunnel,

Because the total pressures in the tunnel were as much as
15 times the capacity of the manometer board, it was necessary to
employ a complex starting and shutting down procedure in order to
avoid blowing the manometer fluids/ overboard into the lines, Since
TBE is a very corrosive substance and its fumes toxic, traps made
of chemical test tubes were included in the lines, By using extreme
caution these were never needed, In general, the guillotines were
used to cut off the pressure lines from the manometer whenever
changes were made in angle of attack or control surface setting,
These guillotines were electrically and hydraulically operated so
that they could be used easily, At least one man watched the man-
ometer board at all times who could instantly shut all guillotines
to avoid exceeding the capacity of the manometer, The manometer
board was photographed for later data reduction,

.Several items influenced the accuracy of the pressures
read, It is possible to read the photographs of the fnanometer
to + 1 mm.and because the pressure coefficient is formed from

the difference of two readings the error may amount to + 2 mm,
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However, in the general course of data reduction the average error
probably amounted to 3 mm.,and in some instances may have been as
- much as 5 or 6 mm, The above reading accuracy determines the
consistency of the results; however, the absolute accuracy was pri-
marily influenced by a change in specific gravity of the manometer
fluids which occurred during the tests The specific gravities of the
unity oil and TBE were carefully measured by weighing a known
quantity both before and after the test, These measurements were

made by the JPL staff, The results of the measurements are given

in the table below:

Fluid S. G. before test S. G, after test Value used
for results

Meriam

Unity Oil 1,00 . « 958 . 960

TBE 2,96 2, 88 2,90

No satisfactory explé.nation has been found for the discrepancy
between the before and after measurements, The manometer had
been thoroughly cleaned and reworked just prior to the test and new
fluid installed in all tubes, The tubes and the system were rinsed
with alcohol as the last step in cleaning, Although it was several
days between the time the manometer was cleaned and when the new
fiuid ‘Was added, it is possible that some alcohol had not evaporated
: é.nd remained in the system to dilute the manometer fluids and low-
ered the specific gravity, Another possible explanaiion is that the
fluids reacted chemically with some material used in the manometer
system and changed their chemical composition, However, this is

not too likely since the majority of the system is of stainless steel,
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The manometers were drained soon after the test was completed
and it was not possible to determine the reason for the change in
specific gravity, The total period between the before and after mea=
surements of the fluid specific gravities was not in excess of 30
dajrs., This discrepancy can cause a 1 to 2% error in the pressure
coefficients but does not appear to be too detrimental in explaining

the flow phenomena that occur,
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V. TEST PROGRAM

It was decided to run the models at three Mach numbers:
"M = 1,70, 2,60 and 3,52, It was planned to run the visual tests
first and on the basis of knowledge gained, modify the proposed
program for the pressure tests to give the most data, However,
because of the difficulties encountered with the mounting shafts on
the visual control surface model mentioned in the section on models,
it was necessary to postpone these tests and to proceed to the pres-
sure tests, The program of the pressure tests is given in Table I,
This table and those similar are not arranged chronologically but
rather in a manner that will more systematically show the data ob~
tained,

The extreme conditions on angle of attack and control sur-
face deflection were determined when the tunnel choked, Choking
was measured by watching the pressure distribution on the floor
and ceiling of the tunnel and noticing when the shock wave moved
forward into the test section, Experimental curves showing the
conditions which caused choking for this model are given in Figures
11 to 13, Approximately 60 hours of tunnel time were expended in
running the pressure model, |

At the completion of the pressure test the visual model
was run under approximately the same conditions as the pressure
model, The program is given in Table II, The visual system used,
the standard one at the 12 Inch Supersonic Wind Tuﬁnel, is a double
mirror system, consisting of a light source, two 24 inch mirrors,
a knife edge and a camera, Either a continuous BH-6 light source

or a spark from a condenser discharge may be used, In this first
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test both light sources were tried and also shadowgraphs were taken
by moving the knife edge completely out of the light path, Initially
schlierens were made but it was found that spark shadowgraph pic~
tures gave much more detail to the flow phenomenon, The pictures
were not of the best quality since the optical system was not in good
alignment, It was in good enough condition to give satisfactory pic-
tures for the usual type of test being run at the tunnel but did not
give the detail desired to explain the flow phenomenon in this test,
Samples of the photograph obtained are shown in Figures 14 and 15,
The time available for the tests permitted the model to be run only
at the two lower Mach numbers, It was therefore necessary to con-
tinue the tests at a later date, This first series of visual tests was
made in August 1954 and required about 45 hours of tunnel time,

After the test was completed, it was found that the deflec-
tion of some of the light rays in passing through the 12 inches of the
wind tunnel would be large enough to cause the rays to be completely
off the second mirror and out of the field of view, Therefore the
so~called shadowgraph pictures were really thé result of a combin-
ation of the shadowgraph and schlieren phenomenon, On the second
visual test it was decided to use a spark shadowgraph technique
‘with the photographic plate located a few inches outside the tunnel,
A frame to accept 8 x 10 film holders was attached to the steel
"window'' so that it rotated with the model on angle of attack changes.,
The spark light source and first parallel ray forming mirror were
the standard ones in the JPL system, Much better pictures were

obtained with this sytem than with that originally used, All of the
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remaining photographs presented were obtained with this modified
system, The run schedule for this test is in Table III. This test

was run in January 1955 and required about 40 hours of tunnel time,
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Vi. RESULTS AND ANALYSIS
OF ZERO GAP CONFIGURATION

The results of the te st.s are all contained in the shadowgraph
pictures and in the pressure distribution graphs. Because there were
about 575 usable shadowgraphs taken and data from 432 pressure dis~
tributions, it is impractical to present all these data in this thesis,
Only a few selected shadowgraphs and pressure distributions will be
presented as examples, The conclusions drawn in the analysis could
not have been based on these selected data but represent information
obtained from the complete set of data which is presented in Refer-
ence 2,

The first part of this discussion will be concerned with the
data obtained from the configuration without a gap between the main
surface and the control surface, These results will be discussed
in detail and then the data obtained with a gap between the two sure
faces will be used to show the changes resulting from the use of a
gap. In the discussion, the main surface will be referred to as a
wing or stabilizer interchangeably, and the control surface will often
be called a flipper, The term flipper is used because the control
surface may be an elevator, rudder, aileron or a combination of

these,

Qualitative Tests
The zero gap configuration will be discussed first from the
qualitative standpoint using the flow shadowgraphs to explain the
details of the flow phenomena, Considering first the series of

shadowgraphs at the highest Mach number at which tests were made,
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M = 3,52, Figures 22 to 54, it is clear that the flow is separating from
the wing ahead of the control surface in all cases when the control sur-
face is deflected, Therefore the problem is one of shock wave-boundary
layer interaction in which the higher pressures experienced behind a
shock wave are being transmitted forward through the boundary layer
to separate the flow., Although the flow is supersonic; pressures may
still be transmitted upstream through the éubsonic boundary layer,
Shock-wave-bouhdary layer interaction has been the subject of a num-
ber of papers in the last few years since this research was begun, The
configurations for which this problem has been discussed are simpler
than that used for the tests to be discussed here; however, the general
results that have been obtained experimentally and theoretically are
applicable to the present configuration, Gadd has made numerous
contributions to the literature on this subject from both the theoretical
and experimental basis (References 3 to 7); Chapman in a recent

paper has reported the most comprehensive series of experiments
made to date (Reference 8), Several other authors have also written
on some aspects of the subject (References 9 to 15),

The majority of the tests made for this investigation had a
laminar boundary layer and therefore this case will be the one given
the most consideration, It is immediately noticed that the flow sep-
arates for quite weak shock waves, Therefore it is not necessary to
have a control surface behind a wing to separate the flow, as the
shock wave at the trailing edge of most lifting surfaces will be strong
enough to separate the flow, Figures 16 to 21 are shadowgraphs of
the wing alone configuration at a Mach number of 3, 52, No separation

is visible at zero angle of attack, but as the angle of attack is
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increased; separation begins to be apparent, In the discussion of
the quantitative results which will follow, it will be shown that when
the flow is turned through an angle greater than 2 or 3 degrees, a
laminar boundary layer will separate, The exact turn angle neces=
sa.i‘y for separation is a function of the Mach number and Reynolds
number, It does not require a very thick surface to cause the
boundary layer to separate even when the surface is at zero angle
of attacks The surfaces used in this investigation are quite thin;
the wing used for this series of shadowgraphs being discussed is
4%o thick and it has a trailing edge half angle of 2,16 degrees,
Flow separation occurs first near the trailing edge, and the sep=
aration point moves gradually forward as the angle of attack is
increased, It may be noticed from the aforementioned shadow-
graphs that the flow direction behind the separation point is ap-
proximately constant, which indicates that the pressure is also
constant, and this will be verified when the pressure distribution
data are discussed,

We will consider some of the shadowgraphs in detail and
explain the information that can be derived from them, The basic
idea of the shadowgraph technique, explained in Reference 16, is
that the light ray deflection is a function of the density gradient,
If the gradient is constant, the rays are all deflected the same

and the light intensity in the photograph is constant. However,
2

if EJZ)' is not zero, then a light and dark area will be formed on
oy

the photographic negative, Shock waves, expansion waves and

boundary layers all have a second derivative in density and show

on a shadowgraph, Some general observations about the photographs
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may be helpful, They were taken on full scale negatives but have
been reduced to about two thirds size in the figures, The circular
- pattern is due to the round glass windows having a diameter of ap-
proximately 6 inches on each side wall of the tunnel, The numbers
shown at the bottom of the picture are the tunnel run and point
numbers, The camera rotates with the model as the angle of at-
tack is changed so the a can not be measured from the photographs,
The small circular black area just downstream of the center of
the window is the steel inserts in the windows which provide bear-
ings for the supporting shafts of the comntrol surface, These in-
serts were flush with the inner surfaces of the glass and did not
have any influence on the flow, In the shadowgraphs the model
appears to be considerably thicker than it really is, This may be
explained by the presence of a boundary layer on the tunnel side~
walls that forms a fillet with the boundary layer of the model,
The curvature of the fillet is such that it deflects the light rays
away from the model’s surface, leaving a dark area that is much
wider than would occur from the modelts boundary layer aloné.
The variation in light intensity is a function of the second deriva-
tive of the density so it is smaller when the tunnel pressure is re~
duced, Thus on shadowgraphs made with low tunnel pressure,
the area near the wing is not as dark and the true size of the model
is apparent, When the flow is separated, the true size of the
model may usually be seen since the flow in the separated region
does not deflect all the light rays away from the body.

Figure 16 is the shadowgraph of the wing alone at zero

angle of attack, The leading edge shock waves are apparent in
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the upper and lower right-hand corners, The expansion waves from
the maximum thickness point on each side of the wing are visible in
the center of the right-hand edge of the picture, The trailing edge
7 shock waves, emanating symmetrically from either side of the trail-
ing edge; near the center of the picture, are visible,

Figure 17 is very similar except that with an angle of attack
separation occurs on the lower surface only, a short distance ahead
of the trailing edge, This separation is the result of the higher
| pressure behind the shock wave that is initially attached to the trail-
ing edge,; feeding upstream through the subsonic boundary layer
and causing the flow to separate, As the trailing edge shock grows
stronger, the pressure is increased and the separation point moves
further upstream, . This result is apparent from a comparison of
Figures 17 to 21. A shock wave emanates from the separation
point, as will be noted from these figures, A study of Figure 20
shows that the flow on the upper surface expands at the trailing edge
to a pressure approximately equal to that on the lower surface,
Then in order for the flow to have the free stream pressure and
direction far behind the wing, shock waves form on either side of
the mixing region that extends from the end of the separated region,
- These waves however do not affect the pressures on the wing ex~
cept that the one from the lower surface may be considered the
cause of separation. The shock wave seen above and behind the
model in Figure 21 is not part of the basic flow over the model,

It is a shock wave formed in the tunnel by the choking effect of the
wing at a high angle of attack, If the angle of attack were slightly

lai'ger, this shock wave would move forward, strike the model
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and the tunnel would choke,

Looking now at the wing-control surface configuration, it is
obvious that that separation will also occur here, In the zero angle
of attack case, Figures 22 to 27, the increased pressure from the
shock wave at the leading edge of the control surface is transmitted
upstream through the boundary layer wake and separates the flow
on both the upper and lower surfaces of the wing, At zero control
surface deflection angle the flow is separated on the wing because
the shock wave due to the thickness of the control surface is suf-
ficient to cause separation, As the control surface deflection is
increased, the pressure behind the shock wave increases and the
~separation point moves gradually upstream., The flows on the
upper and lower surface of the wing are approximately symmetri-
cal since the shock wave from the flipper affects both sides simi-~
larly,

The flow on the suction side of the control surface is only
slightly affected by the separation and its characteristics may be
calculated using the inviscid shock-expansion theory with excellent
results except near the leading edge where the wake of the wing
influences the flow and increases the pressure, On the prés sure
side of the control surface, separation has its major effect,

Except at very small control surface deflections, the shock
wave from the leading edge of the flipper is reflected from the sur-
face of the separated region as an expansion fan which then strikes
the flipper and is re-reflected again as an expansion wave, This
lowers the pressure on the control surface rapidly, When this

expansion fan is again reflected by the surface of the separated
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region, it becomes a series of compression waves that merge into
a shock, This shock wave strikes the control surface, is reflected
as a shock wave and causes an increase in pressure, At this point
the pressure is approximately the same as it would have been if
the separated region had not existed to reflect the leading edge shock
wave, All this reflection may take place within the chord of the
control surface or not, depending on the Mach number and the ge-~
ometry., When the shock wave from the leading edge of the flipper
strikes the wake of the separated region the amount that is reflected
as an expansion wave and the amount transmitted depends on the
pressure in the separated wake,

At very small control surface deflections the control sur=-
face lies completely in the wing!s wake and the pressure on the
leading edge of the flipper increases slowly because of the reduced
velocity in the wake, The flow is turned more gradually, but some-
what back of the leading edge the flow is established parallel to the
surface and the pressure is approximately the same value it would
have bee.ﬁ if it had been turned abruptly at the leading edge by a
shock wave, The flow downstream of this point may be calculated
by the inviscid shock-expansion theor;ir except the pres sure decrease
at the maximum thickness point is more gradual with the real fluid,

We will now consider in detail some shadowgraphs that il-
lustrate the points made in the preceding paragraphs, In Figure
24 the flow separates at approximately the same place on each sur-
face of the wing, From a consideration of the light line at the edge
of the separated area, one sees that transition occurs in the vicinity

of the trailing edge on the upper surface, Upstream of that point
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the light line is smooth and straight, whereas downstream it is
wavy, The flow on the upper surface of the flipper is turbulent,
It is difficult to see what is occurring on the upper surface of the
flipper except that it turns the wake of the wing parallel to its sur-
face thus requiring a shock wave, On Figures 25 to 27 there are
no differences in the flow from that already described other than
the fact that the separation and transition points move further
upstream. When transition occurs, it is noted that the flow
curves outward from the wing's surface, allowing the pressure
to again increase, The flow separates from the lower surface of
the flipper at deflection angles of -15, -20, and -25 degrees be-
cause of the shock wave that occurs at its trailing edge, The
flow on this surface is laminar so separation is easily induced,

We will next consider the series of shadowgraphs made
at an angle of attack of -4 degrees and for a range of control sur-
face deflection from -15 to +25 degrees, Figures 28 to 36, Now
it is clear that oﬁly the lower surface (suction side) of the wing
is separated when there is a negative angle of attack, The suction
side is more vulnerable to separation because of the larger pres-
sure difference between the flow on this surface and the flow behind
the shock wave from the leading edge of the flipper, Therefore
only the suction side of the wing is separated in most cases and
the flow on the pressure side remains attached, Considering
Figure 28 it is noted that separation occurs upstream of the maxi-
mum thickness of the wing on the lower surface and that transition
occurs slightly behind the maximum thickness point, From the

shape of the boundary of the separated region, we conclude that
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the pressure continues to increase downstream of transition, The
leading edge of the control surface is in the separated region so it
- would appear that the pressure on its lower surface would only
gradually fall to a lower pressure instead of expanding rapidly at
the leading edge. The flow on the upper surface will act in a simi~
lar manner, in that the flow will only gradually turn in line with
the surface and the resulting shock waves lie downstream instead
of at the leading edge, Looking at Figures 29 to 36, one notices
that the flow develops in a systematic manner as the control sur-
face deflection angle is increased, In Figure 34 it is clear that
separation occurs just dowﬁstream of the maximum thickness point
on the lower surface and transition occurs about one inch ahead of
the trailing edge., The upper surface of the wing is unseparated,
The flow on the upper surface of the flipper is determined by the
expansion of the flow around the leading edge so that the flow is
attached to the surface, The flow on the lower surface of the flipper
is more complex, It follows the discussion on page 21 about the
reflection of the leading edge shock wave back and forth between
the solid surface and the wake of the separated region, From this
particular photograph this is difficul\t to see but after a study of
many other photographs where this phenomenon occurs, one can
see that the same pattern exists here also,

The remaining two shadowgraphs at this angle of attack,
Figures 35 and 36, are further developments of the same flow
phenomenon, From Figure 36 it is clear that separation has oc~
curred on the forward half of the lower surface of the wing, (This

is determined by extrapolation of the shock wave from the separation
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point that is visible in the photogra_ph.) Transition occurs in the
neighborhood of maximum thickness and induces a continuing pres-
sure rise, By inference one sees that the pressure at the trailing
edge of the lower surface has increased to the extent that it exceeds
the pressure on the upper surface, Therefore, the higher pres-
sure is propagated forward in the boundary layer of the upper sur-
face also; and induces separation, On the flipper the flow is uni-
form behind the‘ leading edge expansion wave on the upper surface,
Near the maximum thickness point the flow separates because of
the shock wave that occurs at the trailing edge. On the lower sur-
face, the leading edge shock wave is reflected back and forth be-
tween the flipper and the surface of the separated region, The flow
from the upper surface of the wing flows over the lower surface
of the flipper. The flow from the lower surface of the wing is sepa~
rated from the lower surface of the flipper by the separated region
and a mixing region in which the flow from the upper and lower
surfaces of the wing are reunited, This mixing region is bounded
by two shock waves that turn the flows into a uniform direction,

Considering now the shadowgraphs made at -8 degrees angle
of attack, Figures 37 to 44, one observes that the flow follows
very similar patterns to those at the lower angles of attack, Up
to a flipper deflection of 15 degrees, no significant change is found
from the shadowgraphs at the lower angles of attack, However,
at flipper deflections of 20, 25 and 30 degrees, Figures 42, 43
and 44, a new phenomenon is noticed, The shock wave from the
leading edge of the flipper!s lower surface appears to be curved,

At this Mach number we would not expect this wave to detach until
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the flipper deflection exceeds 33 degrees if the flipper were in a
free stream with the same Mach number that exists on the upper
surface of the wing, It appears that the back pressure from the

separated flow on the lower surface of the wing causes the shock
wave to be of the strong type and therefore the flow on the front

of the flipper will be subsonic,

Looking now at the shadowgraphs at the angles of attack
of -12 and -16 degrees Figures 45 to 54, it is seen that the charac-
teristics of the flow are unchanged from that at the lower angles
of attack except that the separation and transition points are fur-
ther forward, It is important to realize in studying the photo-
graphs at ~16 degrees angle of attack that the shock waves strik-
ing the upper surface of the flipper are not part of the flow about
the surface but are due to the wind tunnel, This completes the
discussion of the qualitative data obtained at M = 3, 52 and the
normal Reynolds number,

Reynolds Number Effects

The shadowgraphs obtained at a Reynolds number approx-
imately one fourth that of the shadowgraphs already discussed
show that basically the flow is very simiiar. The flow separates
more easily at the lower Reynolds number and therefore the sep-
aration points are further forward on the wing, The change in
flow direction that accompanies the separation is larger at the
lower Reynolds number, The photographs are more easily ana-
lyzed since the boundary layer areas are not as dark as before,
The change in density gradient which determines the light and
dark area is proportional to the pressure which has been re-

duced by a factor of four for the low Reynolds number tests,
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One change that should be noted is that the choking effect that ap-
peared at the high angles of attack and flipper deflection and caused
the shock wave from the flipper leading edge to be of the strong
type, has disappeared, This may be explained by the fact that the
pressure in the separated region on the lower surface of the wing
is lower because the transition point is nearer the trailing edge
and therefore the pressure rise in the turbulent flow regime is
restricted, This lower pressure in the separated region reduces
the back pressure on the flow passing through the gap between

the wing and flipper and eliminates the choking effect, A few
shadowgraphs at the reduced Reynolds number, Figures 55 to

59, have been selected to illustrate the similarities and differ-
ences in the flow, Table IV gives a comparison of the location

of the separation points for the normal and reduced Reynolds num-
ber cases,

Mach Number Effects

At Mach numbers higher than 3, 52, it is believed that the
flow phenomenon is very similar, but the pressure distributions
obtained may be quite different, Since the Mach angles are small-~
er, the reflections of the shock and expansion waves between the
- control surface and the surface of 2he separated region are stretched
out in the flow direction and not all of the reflections will be com-
pleted ahead of the trailing edge. At a Mach number of 3,52, in
most cases the final shock wave reflection from the wake did not
strike the flipper. In some instances some of the initial expansion

waves from the wake failed to strike the surface, At a Mach num-

ber of 4,0 or higher, the condition would exist to a greater extent
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and it appears that at some Mach numbers none of the initial expansion
wave will strike the surface and therefore the pressure on the entire
| pressure side of the control surface will vary only where the expan-
sion wave from the trailing edge of the wing strikes the flipper and
at the flipper's maximum thickness point, At large angles of attack
this gives pressure distributions that appear very similar to those
that have separation with the multiple reflections,

At lower Mach numbers, changes in the flow are very grad-
ual, At the next lower Mach number at which tests were made,

M = 2,60, the conditions are very similar to those at M = 3.52. Be-
cause the Mach angle is larger and all disturbances are transmitted
with steeper angles, the phenomenon of the reflection of the waves
back and forth between the flipper and the surface of the separated
region is condensed in the flow direction, Separation takes place

on the wing in much the same manner as at the higher Mach number,
A few shadowgraphs of the flow are given in Figures 60 to 63,

As the Mach number is further reduced, the general flow
phenomena are unchanged, but the magnitudes are quite different,
From consideration of the data obtained at M = 1,70, the following
conclusions are drawn, Separation occurs on the wing in a similar
manner to that at the higher Mach nu/rnbers, however, the pressure
rise is smaller as is the width of the separated region, The shock
from the separated region is partially transmitted and partially
reflected by the wake, At the lower control deflection angles,
most of the shock wave is transmitted through the narrow wake
and the flow is similar to that calculated with the inviscid theory

with some change due to viscosity reducing the rate of change in
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pressure at the corners,

Turbulent Boundary Layer

When there is a turbulent boundary layer on the wing, the
flow is changed considerably, A turbulent boundary layer does not
separate as readily as a laminar layer, and therefore, a stronger
shock wave with its increased pressure rise is necessary to sepa-
rate it, From the shadowgraphs it is found that the flow must be
turned through 12 to 20 degrees to separate it when the flow is
turbulent instead of the 2 or 3 degrees required to separate a
laminar boundary layer, The important consideration that decides
if the flow will separate as a laminar or turbulent boundary layer
is the condition of the boundary layer at the trailing edge of the
wing, The general conclusion from these tests is that a turbulent
boundary layer delays separation to much larger angles of attack
and/or flipper deflections, but the flow phenomena that occur are
very similar,

In the experimental tests, turbulent flow was achieved by
using a wing with a 10 inch chord instead of the standard 6 inch
one. By noting the wavy appearance of the edge of the boundary
layer one can see that the layer is turbulent in the vicinity of the
trailing edge in Figure 68, the shadgwgraph fora=0, 6=0
and M = 3,52, No separation is in evidence, whereas with the
laminar boundary layer, separation occurred in this case due to
the shock wave on the leading edge of the flipper. The shadow-
graph for a flipper deflection of ~25 degrees, the highest value
tested at zero angle of attack is shown in Figure 69, It is noted

that the flow is separated from the wing at a point a short distance



«30-
ahead of the trailing edge, Thus the pressures on the wing are
altered only in this small region,

The next four figures show the flow over the larger wing
at an angle of attack of -8 degrees, Figure 70, for 8 = 0, shows
thé,t the turbulent boundary layer is attached to the surface whereas
separation occurs in this case when the boundary layer is laminar.
In Figure 71, for O = 10 degrees, the flow is just beginning to
separate, For the last two shadowgraphs of the group at this
angle of attack, Figures ;2 and 73, the turbulent boundary layer
has separated and the separation points are very near the ieading
edge, In these final cases,; the flow appears VEI;Y similar to that
occurring in the laminar boundary layer cases, The magnitude
of the separation is determined by the geometry of the configura=-
tion and the requirement that the flow on the lower surface must
be deflected sufficiently to flow around that which comes from
the upper surface of the wing through the gap between the wing
and flipper, This requirement is the same for both laminar and

turbulent flows,

Quantitative Tests
The foregoing discussion of the shadowgraph flow pictures
provides a general explanation of the flow phenomena that occur
on a wing-control surface configuration, This investigation also
included pressure distribution measurements on the basic config-
uration, The details of the model including the pressure orifice
locations are given in the section on model construction, ‘It was

tested at the same three Mach numbers used for the shadowgraph
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pictures and over the same range of angle of attack and control sur-
face deflection, In all, 93 pressure distributions were obtained at
the various angles of attack, flipper angles and Mach numbers for
the zero gap configuration, Only a few of these will be presented
here, but the complete set may be found in Reference 2,

The data will be discussed in the same order that the visual
data were presented starting with that at the highest Mach number,
M = 3,52, Data were not taken with the wing alone so comparisons
of these pressure distributions can not be made with the shadow~
graph results, The pressure distributions for the wing-control
surface configuration at zero angle of attackare given in Figures
74 to 79, Separation on the wing is indicated by an increase in pres-
sure on the surface of the wedge which would have a constant pres-
sure if the flow remained attached, At zero flipper deflection,
Figure 74, separation occurs on both surfaces 5 inches from the
leading edge. Upstream of separation, the flow is attached to the
surface and may be calculated by the inviscid shock-expansion
theory. In this case and all others for which pressure distribu~
tions were measured the flow on the wing is laminar prior to sepa~-
ration, On the forward portion of the control surface, which is
in the wake of the wing, the pr'essure is lower than anticipated by
an inviscid calculation, The pressure at the leading edge is ap~
proximately the same as that at the trailing edge of the wing but
it increases gradually as the thickness of the flipper increases,

At the maximum thickness point it has increased to the value ex-
pected in inviscid flow on the forward portion of the flipper, The

flow then expands as it turns at the maximum thickness point,
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The fact that the pressures afe slightly different on the upper and
lower surface is probably because the control surface was not set
" to exactly zero degrees,

At a flipper deflection of 5 degrees, the pressure pattern
does not differ basically from that obtained at zero degrees except
in a manner that can be predicted by inviscid theory., However, at
a control surface deflection angle of 10 degrees; the shock wave
from the leading edge of the flipper is reflected from the wake of
the separated region as expansion waves, These waves strike
and are reflected from the flipper, lowering the pressure very
rapidly, The waves are then reflected again by the surface of the
separated region, this time as compression waves that merge to
form a shock wave, When this shock wave strikes the flipper again
and is reflected, the pressure rises rapidly and is returned to
approximately the same value it would have had if the separated
region were not present and the initial shock wave were transmit-
ted away from the vicinity of the control surface without reflection,
Figure 76 shows a pressure distribution that follows the explana-
tion given above and is in complete agreement with the analysis
given for the shadowgraphs, In this particular case the wake of
the separated region is very near the surface of the flipper and
therefore the réflection pattern takes place in a short longitudinal
direction, The orifice located 0,050 iriches from the leading edge
of the flipper may not be completely reliable in this case or any of
the others and must always be questioned, The leading edge was
built up of two 0,020 steel tubes in tandem, filled in with solder,

Therefore the smoothness and regularity of the surface in the
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neighborhood of this orifice is in question and may influence the
pressures measured there,

The pressure distribution measured at &= 15 degrees,
Figure 77, follows the same flow pattern discussed for 0 = 10
degrees except that separation takes place somewhat further for-
ward on the wing as would be expected, With a flipper deflection
of 20 degrees, however, there is a larger change in the pressure
distribution, The flow for this case, Figure 78, separates the
laminar boundary layer ahead of the maximum thickness point
on the wing, The pressure rises slightly and then about 1 to 2
inches downstream, the boundary layer on the surface of the sepa-
rated region becomes turbulent and allows the pressure to in-
crease again, A laminar boundary will support only a very small
increase in pressure when it separates whereas when a turbulent
boundary layer separates it may be accompanied by a much larger
pressure rise, The magnitude of these pressure rises will be
discussed in the next section of this thesis, On the lower surface
of the flipper the pressure distribution follows the same pattern
as that discussed for & = 10 degrees, but here the pattern extends
over a larger part of the flipper because the surface of the sepa-
rated region is further away from the flipper causing the reflection
pattern to be spread out, A similar pressure distribution pattern
exists for a flipper deflection of 25 degrees, Figure 79, Separa-
tion in this case is further upstream and the turbulent separation
is more easily identified, Also note that the flow also separates

from the upper surface of the flipper,
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When the angle of attack is different from zero, there are
no major changes in the pressure distributions, Usually only one
surface of the wing is separated, as was discussed in the section
on the analysis of the shadowgraphs, page 23, As examples of
pressure distributions at angle of attack, the case of a = -8 degrees,
§ = 0 degrees was selected, This pressure distribution, Figure
80, follows the inviscid shock-expansion theory calculation with
some modifications, It is necessary to account for the laminar
separation on the lower surface of the wing and for the effect of
the winés wake on the forward portion of the flipper,

A second example, a = -8 degrees, 0 = 20 degrees, fol-
lows the previous discussion about this case in the section on the
shadowgraphs, Figure 81, the pressure distribution for this case,
has its initial laminar separation point far forward, followed by
transition to turbulent flow and a further pressure rise, The flow
on the upper surface of the wing and the flipper remains attached
and follows inviscid theory, The lower surface of the flipper fol-
lows the multiple reflection pattern already discussed, The pres=-
sure near the leading edge is higher than anticipated from the
shock~expansion theory but may be explained by a strong shock
wave brought about by the choking of the flow that passes from
the upper surface of the wing to the lower surface of the flipper,
Downstream the pressure is decreased by the expansion as the
flow aligns itself with the surface and by the expansion waves
arising from the reflection of the leading edge shock wave by'the
surface of the separated region, This reflection pattern is not

completed within the chord of the flipper and the pressure just
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reaches its minimum value at the trailing edge, showing that the
shock formed by the reflection of the expansion waves from the free
surface never strikes the flipper,

Figure 82, for a = -8 degrees, 0§ = 25 degrees, is very simi-
lar to the preceding case except that the laminar separation and transi-
tion to turbulent flow takes place nearer the leading edge and thus
the pressures on the lower surface of the wing are very much greater
than anticipated by inviscid theory. It is believed that there is a
small error in the angle of attack setting for this and the next fig-
ure, that causes the pressure on the Wing‘s upper surface to be
slightly in error, Figure 83, for a = -8 degrees, O = 30 degrees,
shows a further extension of the same idea with the laminar sepa-
ration, the transition to turbulent flow, and the resulting pressure
rise taking place very near the leading edge of the wing, It should
be noticed that the pressure is approximately constant on the wing's
lower surface and it is everywhere larger than that on the upper
surface, Therefore the net force on the wing is positive in spite
of the angle of attack of -8 degrees, This is a prime example of
the importance of shock induced separation on the wing-control
surface problem. The pressure distribution of the flipper is simi~
lar to the previous cases, Higher angles of attack produce a con-
tinuation of these flow patterns and pressure distributions,

Data are not available on pressure distribution at free
stream Mach numbers above 30 52, but using the ideas set forth in
 the section on analysis of the shadowgraphs and extrapola?:ing the
data on separation, it should be possible to calculate pressure dis-

tributions with reasonable accuracy at the higher Mach numbers,
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At lower Mach numbers, data are available at M = 2, 60 and
1,70, At M = 2, 60 the pressure distributions are very similar to
 those at the higher Mach number, To illustrate this, Figures 84
and 85 are the pressure distributions at flipper deflection angles
of 0 and 15 degrees for zero angle of attack, Figures 86 to 88 are
the pressure distributions at an angle of attack of -8 degrees and
for flipper deflections of 0, 25, and 30 degrees,

At a Mach number of 1,70, the flow is somewhat changed,
Although the laminar boundary layer separates from the wing, the
shock from the flipper leading edge is not as readily reflected by
the surface of the separated region., At zero angle of attack, pres-
sure distributions are given for flipper deflection angles of 0 and
-10 degrees in Figures 89 and 90, These pressure distributions
are similar to those at the higher Mach numbers, except it appears
that the flipper leading edge shock wave is not reflected by the
separated region, Therefore the pressure distributions are very
similar to those calculated by the inviscid shock-expansion theory,

Typical examples of pressure distributions at -4 degrees
angle of attack are given by Figures 91 to 93, Figure 91, for a
flipper deflection of zero, has a distribution very similar to that
~ obtained from an inviscid flow calculation, The main differences
are that the flow separates on the lower surface of the wing as pre-
viously discussed and that because of the wing wake, the pressure
rise on the forward portion of the flipper is slow in developing,
Figures 92 and 93 for flipper deflections of 10 and 12 degrees, re-
spectively, reveal that the pressure gradient changes sign at least

four times on its forward portion, This must be explained by
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multiplé reflections of compression and eXpansion waves from the
separated region, These waves are visible in the shadowgraph at
- this angle of attack and flipper deflection but the exa:ct mechanism
of the flow is in question, It would be interesting to see pressure
distributions at higher angls of attack and flipper deflections, but
it was not possible to run these at the low Mach number without
blocking the tunnel, It is‘ not anticipated that there are any un~
predictable changes in the flow that will ¢hange it basically,

This completes the discussion of the iaressure distribution
data at zero gap. It is unfortunate that data are not availéble at
other Reynolds numbers and especially that none of the pressure
measurements have‘ a turbulent boundary layer, but it is thought
that the flow phenomena are sufficiently understood to make
possible calculations of pressure distributions with a turbulent
boundary layer, )

In general it was found that the pressure distributions were
in very close agreement with the shadowgraphs, From the shadow-
graphs, the pressure distributions could be calculated to a reason-
able degree of accuracy, and in like manner, having the pressure
distributions, the appearance of the shadowgraphs could be visualized,
It is therefore apparent that the basic flow phenomena are under-
stood and the following section is an attempt to give methods for
calculating the pressure distributions using a combination of theo~

retical and empirical methods,
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VIL ‘METHODS OF PREDICTING PRESSURE DISTRIBUTION

This section will be devoted to a discussion of methods of
‘A computing the pressure distribution on a wing with a balanced flap
type control surface at supersonic speeds, From the tests described
in the foregoing sections, an underétanding of the qualitative flow
phenomenon was obtained and empirical means derived for estimat-
ing the pressure distribution, The basic method to be used is the
shock~expansion calculation technique which is discussed in all
textbooks on supersonic aerodynamics, The difference between the
standard technique and the way it will be used here is in the analy-
sis of the flow phenomena to include the effects of viscosity, Usu-
ally the method assumes an inviscid fluid, The major effect of the
viscosity is that the higher pressure behind the shock wave eman-
ating from the leading edge of the control surface is transmitted
upstream in the subsonic portion of the wake and boundary layer,
thereby causing the flow to separate from the surface of the wing,
It is therefore necessary to determine the conditions under which
‘separa{ion‘will occur, These conditions are greatly influenced by
the type of boundary layer, i,e,, whether the flow is laminar or
turbulent at the trailing edge of the wing or more precisely at the
point just ahead of the high pressure region, The case in which
the boundary layer is laminar will be discussed first, Figure 96
may be used as a criterion for separation, The experimental
results only allowed an approximate determination of the neces-
sary conditions for separation and this graph of the flow deflection
that occurs when separation takes place appeared to be a good

approximation, If the flow is turned through an angle larger than
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given by Figure 96, separation will occur,

If sepération does not occur, the pressure distribution may
be calculated using the inviscid shock-expansion theory taking into
account the effect of the expansion wave at the wing's trailing edge
on the flipper, If desired, a small correction may be made in the
vicinity of expansion corners where the rate of pressure change is
finite instead of infinite as predicted by the inviscid theory, A de-
tailed means of making this correction will not be discussed; it is
suggested that it may be made by eye from a knowledge of experi~
mental pressure distributions on similar configurations, For a
more detailed picture, it would be necessary to make tests with
pressure orifices located more closely spaced than those of the
current experiments, It is anticipated that the downstream dis-
tance may be non-—dimensionalized by use of the boundary layer
displacement thickness,

When separation does occur, the pressures on the forward
portion of the wing up to the separation point may be calculated
by the inviscid shock-expansion theory, It will be noticed in all
the pressure distributions presented in this thesis and in Refer-
ence 2 that when the laminar boundary layer separates, the pres-
sure increases approximately in an exponential manner to a
plateau, and remains there until it undergoes transition or reat-
taches, It would be useful to be able to predict this pressure
increase by theoretical or empirical means, Using the data ob-
tained from the current set of experiments and from several other
published experiments on this subject, it was found that a good fit

could be obtained by assuming that the Mach number ratio across



-40-

the shock at the separation point is a linear function of the initial
Mach number, Because pressure data from the current tests were
available at only one Reynolds number at each Mach number, it
was not possible to account for variations in pressure increase due
to Reynolds number. Recently, Chapman has published a paper,
Reference 8, that gives more comprehensive data than available
here, A comparison between the data of the current tests and
Chapman's results, given in Figure 94, shows satisfactory agree~
ment, Chapman's tests were aimed at a detailed measurement of
the pressure change occurring with a shak induced separatiori,
whereas the measurements made in the experiments being re-
ported here were more general in order to explain the phenomena
that occur on balanced flap control surfaces, Because of the more
detailed measurements and because the measurements cover a
much broader range of Reynolds number, Chapman's results are
believed to be superior to those obtained here and are used for

all caléulations involving separation of the laminar boundary layer,
The pressure rise occurring behind a shock induced separation
may be expressed algebraically by

2
P-P. 0,0427M

° = __2__1%2. - 0,0183
P, I (M, 7-1)

where f:’f is the ratio of the local skin friction coefficient, Cgs at

a given Reynolds number, Rx s to the corresponding value at

o
R = 106, The subscript o refers to conditions just upstream of

separation, This equation was used to draw Figures 95, 96 and 97

which show the pressure ratio, flow deflection and Mach number

ratio that occurs at separation, As discussed earlier, Figure 96
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is also used as a criterion for separation to occur, The Mach num-
ber ﬁsed in these graphs is that just ahead of the‘ separation point,
and the Reynolds number is the value where the first effect of the
separation is felt, As may be noticed from any of the experimental -
pr’essu:;e distributions, the pressure does not abruptly jump to the
separation pressure, but instead changes in a manner approximated
by a double exponential curve, A detailed calculation of this varia-
tion can be made using Reference 17, but it is not thought necessary
for calculations of this type since the calculations are lengthy, and
an approximate variation estimated from a knowledge of experi-
mental data from thé current or similar tests provides all the ac~-
curacy required, If the angle of attack of the wing is zero, both
sides of this surface will be separated by a pressure rise occurring
on a control surface behind the wing, However if the wing is at an
angle of attack, only the suction side of the wing, i.e,, the low
pressure side, will be separated in the usual case, One exception
that can occur will be discussed later. The low pressure side is
more susceptible to separation since the pressure difference is
larger on this side causing the pressure disturbance to be more
easily fed forward in the boundary layer on this surface,

The final item necessary to complete the calculation of
the pressure distribution on the wing with a laminar boundary
layer is to determine where separation will occur, Very few data
are available on this subject in the literature so an attempt was
'made here to correlate data from the current test with those from
Reference 18, Although the result of the correlation, Figure 98,

has considerable scatter, it does give the approximate separation



-42-

point. Actually in this figure separation point is used to refer to
the most upstream point of influence of the separation on the pres-
‘sure, This point is more important in determining the pressure
distribution than the actual point of separation, which is slightly
downstream. It is be}ieved that much of the scatter of the data re~
sults from difficulty in locating this point from the data available,
Because of the spacing between pressure orifices it is frequently
difficult to determine the extent of the upstream pressure influence
to better than 10 to 20 percent, The Mach number and Reynolds

number variations determined from the data appear to be signifi-
R

cant, The parameter, H = 2 As s+ used to obtain correlation

G(M) %o
is one suggested by a theoretical analysis of the problem in Ref-

erence 19, The function of Mach number, G(M), is plotted in Fig-

ure 99,
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Ratio of specific heats, Y = 1,40

Prandtl Number, Pr = 9,72

Variation of viscosity with temperature, p,~Tw3 w = 0,75

R, is the Reynolds number at t}{}expoint where the effect of
separation is first felt, R = —-;—9

As is the distance ahead of the shock wave that separation
is felt

x is the effective distance to the beginning of the laminar

boundary layer
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boundary thickness, Figure 100,
It will be noticed that the parameter, H, is non~-dimensional, For

the majority of the data used, a better correlation could be obtained
Mm% u B
by using a parameter F = 3 (—'5—) Asy but since this parame-~

ter is dimensional, it is felt that it will not apply over as wide a
range in geometry and Reynolds number, To illustrate the improved
correlation, Figure 101 is presented, but it is not used for further
calculations,s The Mach number variation of both of the parameters,
F and H, is very similar in the range of Mach numbers between
1.25 and 4, 25 differing by at most 5°/o,

There is no theoretical or experimental data available con-
cerning the changes in a laminar boundary layer as it passes through
a Prandtl Meyer expansion, In estimating the distance x o in the
Reynolds number and in the parameters F and H it was arbitrarily
assumed that the boundary layer had its origin 0,75 inches ahead
of the maximum thickness point,

Although it is thought that the curve given to determine the
location of the separation effect is not very accurate and needs
improvement, it does serve to give the approximate location for
separation and quite satisfactory results when the overall pres-
sure distribution is considered, The above results are all based
on separation of a laminar bounaary layer with zero pressure
gradient, Without any experimental evidence in the current ex-
periments to back up the claim, it is felt that the conditions in
the separated region would be unaffected by a pressure gradient,

but that the location of separation and the conditions under which
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it would occur would be affected, This view is supported by the
results of Reference 20, Therefore it was not expected that Fig-
~ure 98 would apply whén the separation point lies. ahead of the maxi-
mum thickness point on a double wedge wing, This proved to be
true and data from cases in which separation occurred ahead of
the maximum thickness point could nof be used in the preparation
of this curve,

if the‘Reynolds number at separation is of the proper size,
we may have laminar separation on the wing followed by a transi-
tion on the boundary of the separated flow to turbulent, It was
found in the current set of experiments, that when the Reynolds
number increased by approximately 800, 000 behind the laminar
separation point, transition would occur, Behind the transition
point, the pressure again increases, The amount of the increase
may be determined in the following manner, For purposes of the
following discussion consider that the control surface has a posi-
tive deflection, There is flow from the upper surface of the wing
to the lower surface of the flipper, Therefore the mass of fluid
which passes below the trailing edge of the flipper is increased,
One knows the necessary conditions to calculate the mass flow of
fluid that flows from the upper surface of the wing to the lower
surface of the flipper. Using this and an estimate of the pres-
sure at the trailing edge of the control surface, one may approxi-
mate the extent of this flow into the area below the control surface,
The flow from the lower surface of the wing must be turned be-
cause it cannot occupy this same area, From a consideration of

the experimental data it was found that the flow begins to turn at



45

the transition point and assumes the direction determined by a line

through the point where transition occurs and the estimated extent

of the fluid from the wing!s upper surface where it reaches the

flipper trailing edge, A better picture of the means of estimating

this will be obtained when the methods of calculating the pressure

on the control surface are discussed, A useful equation in estimat-

ing the extent of the flow that comes from the wing’s upper surface

is derived from the continuity equation,

h,

"

1

where h1

M,

Py
129

1+:‘:z-i}“‘lz\% M,
- !
1+—2—r1M22 M,

height of fluid at the wing!s trailing edge
that flows over the lower surface of the
flipper

height of fluid at the flipper trailing edge
that came from the wing's upper surface
pressure at trailing edge of wing’s upper
surface

estimate of the average pressure in the
area occupied by the flow from the wing's

upper surface as it passes the trailing

. edge of the flipper's lower surface

Mach number at wing's trailing edge
average Mach number corresponding to

the same location as Py

In calculating hl’ it is necessary to account for the displace~

ment boundary l‘a.yer thickness, To assist with this,. Figure 100,

based on the methods of Crocco, Reference 21, is included, Use
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of the above procedure gives the flow direction and in turn the pres-
sure and Mach number on the portion of the wing following transition,

The one further case that must be considered is when the
flow is turbulent on the wing. As discussed previousiy the flow is
much less likely to separate in this case and it requires a flow de~-
flection of about 20 degrees before it occurs at a Mach number of
3.5, In the present set of experiments, only qualitative visual data
were obtained with a turbulent bdundary layer, so it is necessary
to depend on results of others for much of the quantitative informa-
tion, Reshotko and Tucker in Reference 22 have given a simple
means of calculating the flow resulting from shock induced turbu-
lent separation which appears to give reasonable results when com-~
pared with the present experiments, They state that the Mach number
ratio across the separated region is 0,81 for the case involving flow
around a wedge and 0, 76 for flow over a step, Our case is most
closely approximated by the wedge and so a Mach number ratio of
0.81 was used to draw Figures 102 and 103 for the resulting pressure
ratio and flow deflection, The data from References 10 and 11 suggest
that variation of the Reynolds number does not affect the pressure
in the separated region, but Reference 8 indicates that the pressure
ratio is inversely proportional to the tenth root of the Reynolds
number for a step shape configuration, The data given in this lat-
ter reference for the wedge shape configuration are quite meager
but from that which is giveﬁ, it appears that Reynolds number has
no effect,

If the variation is inversely proportional to the tenth root

of the Reynolds number, this would be consistent with the variation
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in the laminar flow case since then the general conclusion could be
drawn that the pressure is proportional to the square root of the
- skin friction coefficient in both cases. However there is no need
to complicate the flow calculation more than necessary and since
the evidence is conflicting on whether the pressure is influenced by
Reynolds number, one might as well consider the simpler solutic;n
and assume that it has no effect,

Considering now the location of separation with a turbulent
boundary layer, it is noticed that the upstream influence is much
reduced. Table IX shows the location of the separation points for
the 10 inch wing~control surface configuration on which the flow
was turbulent, One notices that apparently separation begins very
near the trailing edge and moves slowly forward as the shock
strength is increased, However the data show that at the larger
flipper deflections, the separation point jumps much further for-
ward. It is believed that this latter phenomenon is similar to
that explained for the cases involving transition after the laminar
boundary layer was separated, When the flipper deflection is posi-
tive some of the flow from the upper surface of the wing flows
over the lower surface of the flipper and causes the flow from the
lower surface of the wing to turn aside, When the extent of this
turning is larger than can be realized from the usual separation
phenomenon of the turbulent boundary layer occurring near the
wing trailing edge, the separé.tion point is forced well forward so
that the flow may turn through a smaller angle and still clear the
flow from the upper surface, Since pressure distributions on a

wing with turbulent flow are not available it was not possible to
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verify the above postulated phenomenon which was based on the flow
shadowgraphs and therefore it is felt that further discussion is not
warranted until such data are available to check the theory,

Conditions necessary to initiate separation with a turbulent
boimdary layer have not been defined, From the flow shadow-
graphé of the 10 inch wing-control surface model at a Mach num-
ber of 3,52 and with the ideas gained from other experiments, it
was found that séparation will be induced when a shock wave has
a Mach number ratio across it of 0,65, Although this result was
obtained entirely from the tests at a tunnel Mach number of 3, 52,
the Mach number ahead of the shock varied from 3.1 to 3,5 due to
different angles of attack, It is believed that this figure is ap-
proximately independent of Mach number and Reynolds number
based on the results obtained for experiments reported in refer-
ences cited in the previous paragraphs, Therefore as an approxi-
mate criterion for shock induced separation it is suggested that
a Mach number ratio across the shock of 0, 65 be used, Figure
104 is a graph of the flow deflection occurring' when the Mach
number ratio across the shock is 0,65, This completes the dis~
cussion of the calculation of the pressures on the wing,

On the control surfaée the pressure distribution is calcu-
lated in the same manner for both a laminar and turbulent boundary
layer. The conditions at the trailing edge of the wing serve as a
starting point for the calculation, At the trailing edge the flow on
the pressure side of the wing expands to the pressure occurring

on the suction side,
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Figures 105 and 106 are included to illustrate this expansion
fan from the wing's trailing edge, These figures are for a configu-
 ration h#ving a gap of 3 inch between the surfaces because they
give a clearer representation of the waves than the zero gap pic-
tures, Figure 105, for a = -12 degrees, O = 20 degrees, is a
case in which the laminar separation is caused by the shock at the
trailing edge of the wing. The shock from the flipperfs leading
edge is far enpxigh downstream to prevent it from influencing the
flow on the wing, A fuller explanation of this will be given in the
section on the use of gaps, It suffices to say that the laminar
separation is limited in extent as is its wake downstream of the
wing, The beginning of the expansion fan is seen as a light line
emanating from the trailing edge., One also sees that the shape
of the wake in the immediate vicinity of the trailing edgé indicates
expansion from the high pressure occurring on the upper surface
to the lower pressure in the separated region, The angle mea-
sured from this photograph is in agreement with that required by
the pressures, The flow is turned through an angle larger than
required to return it approximately to the original free stream
direction and therefore a shock wave is seen above and below
the wake that brings it to the correct angle, Figure 106, for a =
-12 degrees, © = 25 degrees, illustrates a case in which an ex~
tensive separated region exists because of the flipper!s shock wave,
It is noted that again the flow on th‘é upper surface expands to the
spressure in the separated region,
| The expansion waves, discussed in the preceding para-

graph will of course influence the flow on the flipper. Depending
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on the geometry of the configuration and the Mach number, the
leading edge of the flipper may or may not be affected, When sepa-
- ration has not been brought about by the flipper, the wake of the
wing is turned into the free stream direction a short distance be-
hind the wing, In many instances this requires a shock wave
slightly downstream of the -expansion waves just described to
bring the flow to the proper direéticm. The above waves from
the flow over the wing set the initial conditions for the flow over
the flipper. On the suction side of the flipper, the flow is at~
tached except at high deflection angles, It is easily determined
by the shock-expansion theory. At the low deflection angles,
where the leéding edge of the flipper is in the wing!s wake, the
pressure only gradually assumes the value calculated by this
method as the effects of the wake are dissipated downstream,
The distance required may be estimated from the thickness of
the wake at the wing's trailing edge and the thickness distribu-
tion of the flipper,

| At large deflection angles there is the possibility of sepa-
ration on this surface caused by the shock wave that occurs at
the trailing edge of the flipper., The same criteria used to de-
termine separation on the wing, Figures 96 and 104, are also
applicable in this case, When the flipper's leading edge falls
outside the wing's wake, the boundary layer on its suction side
has a new start and is not influenced by the previous flow on the
Wi:rig. If separation does occur on the flipper, the methods pre~
viously discussed for finding the pressure, Mach number and

flow direction of the separated flow apply.
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On the pressure side of the control surface, the largest
changes from the inviscid theory take place, When the flow on the
wing is not separated the flow on this surface may be calculated
by a simplified characteristics method, taking into account the
waves that emanate from the flow about the wing, When separa-
tion has occurred on the wing, then the surface of the separated
region reflects the shock or expansion waves that are between it
and the flipper'!s surface, The leading edge shock wave is re~
flected by the separated wake as an expansion fan, These expan-
sion waves then strike the surface of the flipper and are reflected
again as expansion waves. When they again strike the separated
wake, they‘are reflected as compression waves which converge
to form a shock wave, It is necessary to use the method of cha-
racteristics (Reference 16 for example) for the calculation of the
above described flow, One of the required boundary conditions
for this calculation is the pressure occurring in the separated
region, Although this pressure varies in the streamwise direc~
tion, it has been found that a reasonable approximation may be
obtained by assuming the pre ssure is constant and equal to the
average of the pressure in the separated region at the trailing
edge of the wing and an estimated ‘static pressure that is found
by assuming the flow of the separated region to be turned paral-
lel to the surface of the aft portion of the flipper. Although this
is a simple and somewhat crude approximation, it does appear
to ‘give satisfactory results in the majority of the cases checked,
This completes the discussion of the suggested methods of cal-

cﬁlating the pressure distribution on a balanced flap type control
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surface, An outline of the above methods is given in Table X,

The ensuing paragraphs will be devoted to discussing the re-
. sults obtained by using the above procedure and comparing these
results with experimental pressure distributions, Twenty pressure
distributions were calculated and compared with experiment, The
calculations were made in two ways: 1) Assuming an inviscid fluid,
and 2) assuming a viscous fluid using the methods described in the
first portion of this section,

All of the initial figures to be discussed are for a Mach
number of 3, 52, Figure 74, for a = 0, O=0, shows that the in-
viscid calculation agrees with the experimental pressure distribu~
tion except at expansion corners, at the trailing edge of the ‘wing
where separation occurs, and at the leading edge of the flipper
‘which is in the wing's wake. The viscous flow calculation agrees
well everywhere with the experimental values, To avoid con:Eusion,
where the curve for the viscous calculation is in agreement with
the inviscid solution, only the inviscid curve is drawn,

| Figure 75, for o = 0, 0 = 5 degrees, shows about the
same agreement on the wing as the previous figure, but the flipper
does not show good agreement with either the viscous or inviscid
calculation, The major discrepancy li‘es in the upper surface
where the measured pressures are much less than predicted, It
is believed that this is because the leading edge of the flipper is
in the separated wake from the wing, The air in this wake has a
low velocity and only on its lower side is energy being fed in to
increase this velocity, The upper side of the wake is cut off

from the external flow by the presence of the flipper, Therefore
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the pressure never does increase to the full theoretical value,
It does not appear practical to try to determine an empirical means
of estimating this decrease in pressure, Although a general meth-
od might be devised it does not seem to be of enough importance to
Wér'rant it.

Figure 76, for ¢ = 0, O = 10 degrees, has a pressure dis-
tribution on the wing which is similar to the preceding cases. The
pressures on the flipper are here completely different from those
calculated with inviscid theory, The distribution calculated with
the empirical methods outlined in this thesis is, however, in
general agreement with the measured values, The calculated
pressure on the aft portion of the lower surface of the flipper is
higher than the measured value; no satisfactory explanation for
this is available, The viscous calculation was made by’ using the
method of characteristics,

Figure 77, for a = 0, O = 15 degrees, shows a pressure
distribution similar to that in the preceding figure, Because of
the lengthy procedure in the characteristics calculation, it was
used only in selected cases, For the case in question only the
initial maximum, the minimum and final pressure were calculated,
These values can be easily obtained but to obtain the complete dis-
tribution requires three or more additional hours of work. Since
the majority of these distributions are similar in shape it was
felt that determination of the maximium and minimum value was
sufficient for many of the cases, The large differences between
the inviscid and viscous results become more and more apparent

as the flipper deflection angle is increased,
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Figure 78, for a =0, 0= 20 degfees, shows a case in
which the laminar separation appears on the forward half of the
‘wing and is followed by transition and a further increase in pres-
sure that is permitted by the turbulent separation. The pressures
are calculated but the location at which laminar separation takes
place cannot be estimated by the methods described. This is be-
cause sufficient data are not available to understand what occurs
to the separated flow at a Prandtl-Meyer corner. Although the
separation point moves gradually forward as the size of the trig-
gering pressure rise increases, the process is discontinuous
when an expansion corner is encountered, The pressure distribu-
tion obtained by the viscous calculation has the same shape and
magnitude as the one determined experimentally, On the lower
‘surface of the flipper, again only three pressure levels were
found, It is noticed that the calculated minimum pressure is
much less than the measured value; however the pressures at
the leading and trailing edges are in excellent agreement, The
upper surface of the flipper exhibits a laminar separation due to
the strong shock occurring at its trailing edge, This is predicted
satisfactorily by the viscous calculation,

Figure 79, for c = 0, & = 25 degrees, represents a very
difficult case to calculate, Because the laminar separation oc-
curs in front of the maximum thickness point, the curve for the
location of laminar separation is not valid, as discussed in the
previous paragraph. Using the experimental data for its location,
it is possible to calculate the pressure rise resulting from laminar

separation and the location of the transition point; these calculations
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agree well with the experiment, The turbulent separation pressure
rise is determined from the required flow deflection for the fluid to
clear the trailing of the flipper, The method as outlined states that
the upper and lower surface distributions are the same since they
are influenced by the same high pressure region, The experimental
data Show that the upper and lower surface have slightly different
pressures but this error in the calculations is not serious, At least
one can say thaﬁ: there is a very marked improvement over the in-
viscid calculation, Because of the turbulent separation the wake at
the leading edge of the flipper completely envelopes the flipper
and makes it very difficult to predict the pressures, Even the upper
surface of the flipper is in the wake and therefore the full pressure
change that would occur in a uniform velocity stream is not devel-
oped, La.rnina;r’ gseparation does occur on this surface and this can
be estimated satisfactorily, Because the lower surface of the flipper
is completely buried in the wake the usual viscous calculations out-
lined do not give results that are reasonable, No attempt is made to
show these results, This completes the calculations made at zero
angle of attack,

The next group of pressure distributions are at -8 degrees
angle of attack at the same Mach number, 3,52, Figure 80, for
a = -8 degrees, O =0, shows that the calculated pressures with
the inviscid assumption are quite satisfactory on the wing except
near the trailing edge on the lower surface, Here laminar separa-
tion takes place in a manner predicted by the viscous theory, The
pressures on the flipper are reasonably well predicted by the in-

viscid theory with some improvement noted by use of the viscous
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method, The small discrepancy in the flipper' pressures between
the calculated value and experiment is likely caused by a small
error in the ﬂippel: setting,

Figure 81, for a = -8 degrees, O = 20 degrees, shows ex-
cellent agreement between the calculated and measured pressure
distributions, On the flipper, the upper surface experimental
values agree with the inviscid solution which is the same as the
viscous solution in this case, On the lower surface of the flipper,
only the maximum and minimum pressures are calculated for this
case since the shape of the disﬁribution will be similar to the
a = -8 degrees, O = 25 degrees case for which the complete cal~
culation is given., One notices that the calculated maximum pres-
sure on the forward portion of the lower surface of the flipper is
considerably smaller than the 'meaéured Va1®. The experimental
pre’séure falls rapidly to the calculated values so that the agree~
ment is very good from 0, 65 back of the 1eading edge, Apparently
the leading edge shock is stronger than necessary for the flow to
be attached to the flipper and an expansion takes place immediately
behind this shock., This phenomenon was noticed in the experimen-
tal data for several cases, However in many of the cases it was
because a strong shock was occurring at the leading edge. The
pressure measured for this case is much too small for that to be
occurring here,

Figure 82, for o = -8, 0 = 25 degrees, has a pressure
distribution similar to the one discussed in the last paragraph.

In this case, the complete calculation has been made and one sees

that the agreement with the experimental data on the flipper is
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excellent, On the stabilizer the calculated and measured results
are also in good agreement, It should be noted, however, that the
calculation method on the wing only predicts the plateaus of pres-
sure, and the distribution between them is estimated from exper-
ience, Since separation of a turbulent boundary layer is involved,
a theoretical analysis of the problem does not seem to be a fruit~
ful project and it is expected that empirical data must be used to
obtain the sha.pe of the pressure distribution, Although this is
not a desirable situation, the improvement in the pressure distri-
bution, calculated by what has been referred to as the viscous
method over that obtained with the inviscid shock~-expansion theory,
shows that the method is still attractive with all its approximations,
The calculated pressure on the wing'!s upper surface is slightly
larger than the measured value, This effect was noticed in other
similar cases where the flipper deflections were large, but the
reasons for it are not understood and no means of predicting it
are at hand, The discrepancy is however a small one in all cases
where it was noted,

Figure 83, for'a = -8 degrees, 0§ = 30 degrees, has a
somewhat different pressure distribution, The flow on the lower
surface of the wing is separated very near the leading edge, Be=
cause of the lack of pressure orifices in this area, the exact loca-
tion is not known, For practical purposes it is assumed that
separation occurs at the leading edge and the full increase in pres-
sure is developed immediately, This, of course, is not actually
true and a somewhat better approximation would be that the pres-

sure at the leading edge is the value shown for the inviscid
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solution and separation occurs 1/4 to 1/2 inch back of the leading
edge. The interesting thing about this distribution is that the nor-
mal force on the wing is up instead of in the expected down direc~
tion for a negative angle of attack, and the viscous calculation
method predicts this change, The pressures on the flipper are
also predicted satisfactorily, This completes the discussion of
the calculated results at a Mach number of 3, 52,

Next, five typical cases that have a free stream Mach num-
ber of 2,60 will be discussed, Figure 84, for a =0, 0 = 0, shows
good agreement between the calculated and measured pressure dis=~
tributions, In fact the inviscid solution gives reasonable results
in this and similar cases, The major difference in the calcula-
tions is due to the separation near the trailing edge of the wing, and
on the leading edge of the flipper because of the large wake, By
estimating the width of the wake from the location of separation
and the angle of the flow deflection, it is possible to estimate
where the pressure on the flipper reaches its inviscid value with
reasonable accuracy,

Figure 85, for a = 0, 6 = 15 degrees, shows similar re-
sults on the wing as the previous case, On the lower surface of
the flipper the calculated pressure distribution has the same shape
as the experimental one and is a reasonable quantitative approxi-
mation,

Figure 86, for a = -8 degrees, O = 0, shows fine agreee
ment between the calculations and experiment, It appears that
the angle of attack might have been larger than the stated 8 degrees

to account for the slightly larger pressures on the wing,
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Figure 87, for a = -8 degrees, & = 25 degrees, is one of
the cases for which the characteristic method was used, The cal=~
culations of the wave angles were made on a Burroughs E-102
Computer and fhe drawing of the expansion and compression waves
made 30 times the actual scale of the model, Thus the method was
applied with great care and it is felt that there are not significant
errors in its application, In the case being discussed the discrep-
ancies between the calculated and measured values are not too
large, If this calculated pressure distribution were used to cal=~
culate normal force or hinge moment on the surfaces, they would
be within a few per cent of the measured values, This is certainly
as much as can be expected and all that is desired from a method
of this sort,

Figure 88, for a = -8 degrees, © = 30 degrees, indicates
separation on the lower surface of the stabilizer very near the
leading edge, From the geometry of the configuration, and using
the methods described, the calculated pressure in this separated
region is much smaller than measured in the experiments, It is
believed that this discrepancy is not due to the basic ideas involved
in the method; instead the difficulty is thought to be in the method
of estimating the width of the flow from the upper surface of the
wing as it passes the trailing edge of the lower surface of the flip-
per, This determination is best accomplished by making a charac-
teristic solution of the flow over the flipper, but since the flow at
the leading edge on the lower surface of the flipper is detached,

no effort was made to solve the mixed flow region involved, The
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estimate that was made for the size of the region containing the
flow from the upper surface of the wing was apparently too small,
The pressures calculated for the upper surface of the wing and
flipper agree well with measurement, As stated previously, since
there is a detached shock on the flipper!s leading edge and thus
subsonic flow, no effort was made to solve for the pressure dis=~
tribution,

The final five pressure distributions studied are for a Mach
number of 1,70, In Figure 89, for ¢ = 0, & = 0, the agreement
between the calculated and measured pressure distribution is very
good, Figure 90, for ¢ ®= 0, O= -10 degrees, also shows good
agreement,

In Figure 91, for a = ~4 degrees, O = 0, both of the cal~
culated distributions by the inviscid and viscous methods‘agree
well with the experiment, In this and similar cases, there is only
a slight difference between the two methods; the separation on the
‘wing causes only a small change in the pressure and its wake causes
the pressure on the flipper to rise more slowly,

Figure 92, for a = -4 degrees, O = 10 degrees, is an
example of the flow at a low Mach number in which the shock wave
from the leading edge of the flipper is reflected by the separated
waké to cause rapid variations in the pressure on the forward por=
tion of the flipper®s lower surface, Calculations were made using
the method of characteristics and the shape of the resulting pres-~
sure curve is similar to that measured, but quantitatively the curves

are not too similar, This discrepancy can be caused by very minor
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errors in estimating the boundary layer thickness and/or how fast
the wake spreads downstream of the wing's trailing edge, It is also
not known if the curve of the measured pressures is faired properly,
since the pressure orifices are too widely spaced for a case where
‘the pressure changes as rapidly as it does here, The pressures
calculated on the remainder of the surfaces of the wing and flipper
are reasonable,

Figure 93, for a = =4 degrees, O= 12 degrees, shows simi-
lar agreement between calculated and measured pressures as the
preceding figure, On the flipper®s lower surface, the method of
characteristics is not used and thus only the maximum and mini-
mum pressures are shown, It is anticipated that the agreement
here is similar to that in the preceding figure also. In conclusion
it is noted that the results obtained where separation occurs at
the lower Mach numbers are not nearly as good as those obtained
at the higher Mach numbers, In a way this is not too unfortunate
as it was found that there were much larger discrepancies in hinge
moment and elevator effectiveness between linearized theory and
experiment at the higher Mach numbers than at the lower Mach
numbers, Therefore it is more important that the method be ap=-
plied best at the higher Mach numbers, Considering the general
agreement obtained in the calculations made using the viscous meth-
od, one concludes that the method does in a majority of cases appear

to give results that are very satisfactory for engineering purposes,
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Viil, CONTROL SURFACE EFFECTIVENESS AND HINGE MOMENTS

The prime purpose in determining the wing and control surface
pressure distributions is to be able to predict the control surface ef-
fectiveness and hinge moments, As stated in the introduction it was
found that linearized theory or any inviscid flow theory was inade-
quate tov predict the performance of supersonic control surfaces over
a wide range of conditiéns. It has also been shown that the lift on a
wing alone is seriously affected by shock-boundary layer interaction,
This interaction will affect a wing in much the same manner as the
normal stall phenomenon of a wing at subsonic speeds,

If the flow does not separate a reasonable calculation of the
control surface effectiveness may be made using inviscid linearized
theory but much better results may be obtained by use of the shock
expansion theory, taking‘ into account the effect of the wing on the
control surface, Linearized theory usually gives a value of effec~
tiveness at high deflection angles that is too small, If the flow on
the wing separates,the usual effect is to increase the control sur-
face effectiveness especially at the larger deflections, In this case
a careful calculation of the pressure distribution by the methods
described previously in this thesis are required to obtain a reason-
ably accurate value of effectiveness. The major change in effec~
tiveness due to separation results from the change in the force on

‘the wingj the change in force on the flipper is not in general a large
factor, At Mach numbers larger than 3,5, it has been found that
the control effectiveness increases with Mach number;, contrary
to the anticipated decrease which is predicted by linearized theory,

This result was obtained from unpublished force data of the Hughes
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Aircraft Company on typical flippers of the type being discussed,
The methods given for calculating pressure distribution will give
values at the high Mach numbers that agree with this result,

Considering now means of obtaining hinge moments on a
balanced flap type control surface, it becomes apparent that lin-
earized theory cannot be used at any except very small deflection
angles, and even here the results obtained will not be very good,
Of course, if the pressure distribution can be accurately pre-
dicted by the methods described previously, then good hinge mo-
ment prediction may be obtained, To show the typical shape of
the hinge moment curves for this type of flipper, some of the
pressure distributions measured in the current tests were inte=
grated, Figure 107 shows the hinge moment coefficient plotted
versus control surface deflection, holding angle of attack constant,
The shape of the curves is in excellent agreement with force mea-
surements made on similar control surfaces (unpublished), One
notes that the surfaces are unstable when the flipper deflection
and angle of attack have opposite signs, This represents typical
trim conditions when tail type control surfaces are used, With an
unstable hinge moment the aerodynamic forces tend to increase
the surface deflection without limit whereas with stable hinge mo=
ments the aerodynamic forces tend to return the surface to a
unique trim value that depends on the angle of attack, Trim cone
ditions, as used above, refer to steady state conditions with a

constant angle of attack,
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If the hinge moment curves are linear, it is easy to reduce
the size of the hinge moments by moving the hinge line, This in
effect rotates the line and if exact linearity is obtained, the hinge
moments may be made zero, Of course this can probably not be
accomplished at all angles of attack and at all Mach numbers, but
much can be done to reduce the hinge moments if they are linear
‘with deflection angle, However, when the curves are ‘shaped as
the ones are in Figure 107, a best hinge line location may be ob-
tained, but it is not possible to achieve really small hinge moments,
The shape of these curves in Figure 107 is typical of balanced flap
type control surfaces and changes in hinge line and planform (on a
three dimensional design) can do little to improve it, In the next
section of this thesis, a method of linearizing these curves will be
discussed, |

Because separation has a very strong effect on the hinge
moment of the flipper, it is imperative to simulate the proper
type of boundary layer, i,e,, laminar or turbulent, when making
hinge moment measurements in a wind tunnel, In these tests it
is also desirable to have full scale Reynolds numbers to obtain
similar separation phenomena, but this is of course usually not
possible, With a turbulent boundary layer, Reynolds number
effects on separation are believed to be small and can probably
be neglected, but with a laminar boundary layer, changes in Rey~
nolds number can produce noticeable but not major changes in

the hinge moments,
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IX. EFFECT OF A GAP BETWEEN WING AND CONTROL SURFACE

In an effort to reduce the hinge moments on a control surface,
several different planforms and balance modifications were tried by
the author while at the Hughes Aircraft Company, One of these pro=
duced a considerable improvement in reducing overall hinge moments,
The change was to move the balanced control surface downstream
with respect to the main surface thereby leaving a gap between the
two surfaces, When this gap is of sufficient size, separation will
be delayed 61‘ forestalled and the variation in hinge moments consid~
erably reduced. No precise gap size may be given as optimum be=-
‘cause it appears that the larger the gap, the better; however, a point
of diminishing returns is reached when the gap is 15 to 30 percent
of the wing chord, Gap sizes of 1/4, 1/2, 1 and 2 inches were used
for this test where the wing chord was 6 inches, A rather complete
series of tests was run in which about 100 shadowgraphs and 80
complete pressure distributions were obtained at each ‘gap setting,
Only a small number of these will be shown in the body of the thesis,
but the rest are available in Reference 2,  In the following para=-
graphs the differences in flow conditions and pressure distributions
will be emphasized and the lack of a discussion about some point
will indicate that it is similar to the zero gap condition and needs
no further discussion, In general a given condition of Mach number,
angle of attack, and flipper deflection will be selected and then the
changes with variation in gap size will be discussed,

We will begin by considering the highest Mach number first,
M = 3,52, At zero angle of attack and zero control surface deflection

angle, the laminar boundary layer on the wing separates for gaps