104 SPEED BOUNDARY LAYEZ AND FRESSURE
DISTRIBUTION TSE5TS CON A FAMILY COF

SHEFT BACK WINGS

Thesis by

Harvey C., Nay

In Fartial Fulfillment of the Requirements
For the Degree of

Aeronautical Engineer

Celifornis Institute of Technology
Fasadens, California

1952



ACKNOWLEDGEMENTS

The author wishes to express his appreciation for the eid and guid-
ance given him by Dr., Clark B, Millikan, under whose supervision this
investigation was carried out., He also extends his thanks to 2ll of the
many persons at the California Institute and at the Douglas Company who
have helped with the work in various ways. A special debt of gratitude
is owed by the author to the following persons at the Douglas Company:
¥r., K. B. Van Every, for suggesting the project and for his guidance as
the work progressed; Mr, £, M, C. Smith, for many valuable suggestions
and helpful criticisms; Mr, B. . Marsh, for his sid in carrying out the
investigation; Mr. 2, D, Hager, for doing the detail design of the equip-
ment; and ir, R, C, leeds, Miss Kethryn Smith and ¥rs. Doris Rothermel,
for their help in the testing, reduction of data, etc. 2 special word of
thanks is due Mrs. Helena Marsh for her work on the illustrations. The
author is also very grateful to the Douglas A reraft Company for their

permission to use the data presented herein,



ABSTRACT

Low~-speed tests were conducted to determine boundary layer and sur~
face pressure distribution characteristics of a systematic family of swept
back wings. It is intended that the test results will have application
in giving a better understending of tne viscous flow phencmena on swept
back wings, particulerly in relastion to the stsll. A general picture of
the boundary layer flow and surface pressure distribution at high 1ift
conditions, showing the effects of variations in wing planform, was deter-
mined. GSeveral existing concepts were verified and an attempt was made to
define tne limits of aprlicability of these concepts,

A localized separation of the flow perpendiculer to the leading edge
of the wing, hereinafter referred to as the "normal flow", was found to
occur at lift coefficients somewhat below the stall on the wings with ap-
rrecisble sweepback., The separation took the formm of a vortex streak
running aft and outboard from an origin near the leading edge, and it
greatly affected the boundary layer structure and the surface pressure
distribution.

Generalizetion of surface pressure distribution on the basis of the
local 1ift coefficient and dynamic pressure for the nomal flow was found
to hold fairly well for the variocus sweepback angles,

The develcpment of stall was determined for the various planforms
in terms of boundarj layer thickness and flow direction near the surface
of the wing.

Generalization of the shape of the profiles of the ncrmal boundary
layer flow component in terms of a single family of shapes for all sweep-

back angles, as suggested by other resesrchers, was shown to be possible.
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Symbols
aspect ratio ( b3/s )
span of complete wing ft.
wing chord measured in wind stream direction  ft.
static pressure coefficient (_PPo )
total pressure coefficient ( ptggo )
q 1
local section 1ift cocefficient €~[(>‘<Cpp - Cpg) 4 (x/c) )
wing 1lift coefficient anéed(sgzj )
°
boundary layer profile shape parameter ( S$S%*/©)
static pressure lb/ft,2
total pressure 1b/ft2
dynamic pressure 1b/ft?2
wing plan area 2
local velocity ft/sec
velocity at edge of boundary layer fi/sec
free-stream velocity ft/sec
chordwise coordinate parallel to free stream ft.
spanwise coordinate perpendicular to free stream  ft.
distance measured perpendicular to wing surface ft.
angle of attack measured in plane of wind tunnel wall  degrees
boundary layer thickness in. 5
boundary layer displacement thickness {jh(lri%) dz) in.
o

spanwise ccordinate parallel to wing leading edge-(see sketch
below)

Y
boundary layer momentum thickness (ejﬁ(l -X)Y¥ 4z ) in.
) vV
sweepback angle degrees

flow direction angle (see sketch below) degrees
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I INTRODUCTION

General Backeround

Accompanying the improvements in the transonic drag of aircraft
brougnt about by increasing the sweepback of the wings are some undesir-
able effects, one of which is the deterioration of longitudinal stability
at the stall as the sweepback is increased, In the design of swept back
wings the problem of stalling stability is a serious one, and seversal de-
vices are in current use to counteract adverse sweepback effects., These
devices, although effective, ere not entirely satisfactory because of
their mechanical complication, weight, and drag. The Douglas Alrcraft
Company has undertaken a program tec develop more efficient swept back
wing configurations with satisfactory stall characteristics. A4s the
first phase of this program, tests were made in order to gain a better
understanding of the basic phenomena of swept-wing boundary layer flow,
The results presented in this thesis are from these first-phese tests,
which consisted of static pressure, velocity, and flow direction measure-

ments in the boundary layer on a systematic family of swept back wings,

The FProblem of Longitudinal Stability at the 3Stall with Swept Back .fings

The poor stability characteristics of swept back wings at the stall
are caused by the separation of the flow occurring first at the tips of
the wings, causing the center of pressure to move forward. This results
in 2 pitching moment tending to further increase the angle of attack and
aggravate the stell. Thus, as the stall develops at the tips, there is
a tendency for angle of attack to increase sharply in aﬁ unstable, diver-
gent manner. The magnitude of the de~stabilizing moment at the stall de~
pends on many factors, but the most important for wings without special

stall control devices, are the sweepback and aspect ratio, The effects
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of these paremeters on stalling stability are discussed in Reference 1.
In general, the stability problem is made more severe by an increase in
el ther sweepback or aspect ratio.

The reason for the separation of flow occurring first at the tips
of swept back wings cen be understood by considering the spanwise dis-
tribution of 1lift and the flow in the boundary layer. The results of
lift distribution calculations show that as wing sweepback is increased,
the loading of the outboard portion of the wing increases with respect
to the center section, M&th more of the load carried outboard, a swept
back wing must have a larger effective angle of attack on the outboard
section as compared with the inboard section than does a streignt wing,
Thus, the swept back wing has more of a tendency to stall first at the
tips than does 2 straight wing. The pressure field on a swept back wing
tends to cause the low-energy air in the boundary layer to flow outboard
in the region where the pressure is increasing in the downstream direc-
tion. The out-flow of air in the boundary layer of s swept back wing
delays the stall of the portion of the wing well inboard from the tips,
This occurs because the adverse pressure gradient in the direction of
boundary layer flow is less with the out-flow than would be present if

.

the boundary layer flowed directly back to the trailing edege with no
out-flow, As the wing tip is approached, the effect of the high pres-
sure on the lower surface of the wing makes itself felt on the upper
surface to an increasingly large extent, corresponding to the sharp
drop~off in 1ift very near the tip, The sharp increase in pressure
causes the air just inboard of the tips to decelsrate, and this causes

a piling=-up of low-enerpgy air nesr the tips, which leads to early sep-

aration as the angle of attack is increased,
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By using special devices tip stall can be delayed to higher angles
of attack than the stalling zngle for the inboard section, thus making
it possible to preserve longitudinal stability at the stall, even for
high-aspect-ratio, highly swept back wings. The device most commonly
used to prevent tip stall on swept back wings is a retrsctable slat on
the outboard wing section, usually operated serodynamically to open at
high 1ift coefficients. The action of slats in delaying separation is
that of mixing a high-energy jet of air with the low-energy boundary
layer, thus distributing the energy decrement over a larger thickness
and increasing the velocity of the air next to the surface., Jlats can
also be used to increase the maxdmum 1ift of a wing; however, they are
not very effective in this when used to obtain stability at the stall.
Slats are complicated, both mechanically and aerodynamically, and add
weigiht and drag to an airplane; therefore, it is felt that they are not
very satisfactory devices when used to obtain stalling stability with
swept back wings. FPlates projecting vertically from the upper surface
of the wing and parallel to the flignt direction have been used to pre-
vent spanwise boundary layer flow and aid in delaying tip stall on wings
with sweepback, These devices, which are called stall plates, are not
as effective as slats and they have the disadvantage of counteracting,
to some extent, the effect of wing sweepback in reducing high-speed drag,

Other devices that show promise for controlling stall include com-
bined variations in wing incidence and airfoil section shape 2long the
span, variations in wing planform, and the use of boundary layer control,
Vortex generators (protuberances on the wing surfaces used to create
chordaise rumning vortices) should delay stall to higher 1ift by mixing
high=~energy air with the boundary layer in a manner similar to the action

of slats,
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dxistine Concepts and saxperimental Hesults on Fressure Distribution and

»

Boundary lLayer structure on oSwept Back .fngs

Tne most elementery avproach to the analysis of flow phenomens sround
swept back wings is what is usually referred to as the simple sweep theory.
This concept is derived by considering the flow around s yawed cylindri-
cal body of infinite span in non-viscous flow. It can be seen thsat the
pressure field is the same as it would be if only the normel flow were

present, In this case the componsnt of velocity parallel to the body is

constant and has no effect on the pressure distribution. Steted symbol-

fde

cally, the pressures at corresponding points on 2 swept and on an unswept

N

body are related by

This simple concept is r
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use of sweepback as @ means of delayine transonic drag rise.
3ince tne pressure Tie=1d cutside the boundary layer is nearly inde-
pendent of viscous effects except for flows invelving large resions of

.

sepsratlon, the assumption of non-viscous flow ip the derivstion of the
simple swesp theeory for pressure diétributicn does not seriously limit
its aprlicability for low =snd intermediste 1ift conditions. However, the
assumption of infinite span causes a serious limitstion on the aprlica-
bility of the simple sweep thecry to actuzl wings, because the pressure
rreatly affected by spanwise variations in 1ift and by the spec-
ial flow configurations at the root and tip., Variastions in pressure dis-
tribution alone the span at zero 1ift are shown in Heference 2 for an un-
swept and 40-degree-swept beck wing., It can be seen from the test results

reported in this reference that the effect of sweepback is to shift the

peek negative pressure aft near the root and forwsrd near the tip., This
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phenomenon of pressure distribution shift can be predicted by considera-
tion of the condition that the flow at the roct znd tip must be in the
direction of the free stream,

The spenwise pressure zradient due to 1ift on & finite wing can be
obteined‘by the consideration of the 1ift distribution on an actusl wing.
(The reader is referred to the extensive literature on the subject of
1lift distribution). It can be noted thet the spanwise pressure cradient
due to 1ift will increzse with the 1ift itself and will decrease with in-
creasing aspect ratio.

The validity of the simple sweep theory in application to finite -
wings is seen to be rathner limited, especially for low-aspect-ratic wings
and for high 1lift. OSome improvement of the simple sweep theory is pos~
sible by the generalization of the pressure field in terms of the local
section 1ift coefficient based on the normal flow., Jymbolically,

Cop = ij\_ cos? . for CR , = CL, _ cos?, .

=0 A A A =0 N

This generalization should be applicable to thet portion of the wing suf-
ficiently far from the rcot end tip that the longitudinsl shift in the
pressure pattern is small. It is possible using this concept to calculate
the pressure distribution over a swept back wing from airfoil section
data and from a knowledge of the spanwise 1ift distribution, which can
be calculated readily using widely accepted existing theory. There re-
mains the gquestion of the modification necessary due to the root and tip
ef fects and the definition of the limits of applicability of this approach
and the effects of exceeding these limits,

The desirability of esteblishing some simplifying principles by
which swept-wing boundary layer flow could be treated in a manner znalo-

gous to the simple sweep theory for pressure distribution is apparent.
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Prandtl in Reference 3 has discussed such an apvroach and has shown that
the component of boundary layer flow perpendicular to the axis of a yawed
infinite cylinder in laminar flow would be independent of the flow paral-
lel to the axis, In References 4 and 5 Jears and {i1d have used this
principle in obtaining solutions for the boundary layer growth and flow
direction on a flat plate and an elliptical cylinder. They have each
shown for the laminar-flow cases they considered that the normal flow
about infinite-span bodies is independent of the angle of yaw.

For the cases of flow involving turbulence or wakes, it is not pos-
sible to show mathematicelly the non-dependence of the normal boundary
layer flow on yaw as was done for laminar flow, However, Jones has ex~
amined the general case of flow about a yawed infinite cylinder from
purely physical considerations (Reference 6) and has concluded that the
simple sweep theory for boundary layer shoﬁld be applicable to the normal
flow in cases involving turbulence and separation as well as in the lam-
inar-flow case. He presents experimental verification of this concept
in the form of drag data on a circular wire at verious yaw angles at sub-
eritical Heynolds numbers of 102 to 103, Results from recent tests on
yawed circular cylinders in the critical Reynolds number range are report-—
ed in Heference 7, These tests showed large effects of yaw on critical
fieynolds number and super-critical drag coefficient based on the normal
flow, This shows that the hypothesis of the simple sweeé theory holding
for flows involving separation and a large wake is not valid for Reynolds
numnbers above the critical on circular cylinders, It would seem, however,
that for wings below the stall, discrepancies from the simple sweep theory

may be much smaller due to the much smaller wake,
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The effect of turbulent boundary layer on the validity of the simple
sweep theory was unknown at the time the subject tests were made. How-
ever, a recent report (Reference 8) shows a comparison of a straight wing
and a 45-degree-swept wing with turbulent boundary layer (Reynolds number
based on the normal flow =approximately four million). Both wings com-
pletely spanned the wind tunnel and were designed to have minimum spanwise
pressure gradients. The test results showed excellent verification of the
simple sweep theory in relating the normal boundary layer flow between O
and 45 degrees of sweepback up‘to the highest 1ift coefficients tested,
which were somewhat below the stall,

The spanwise varistions in pressure that arise in the case of an
actual wing would be expected to cause some variation in the character-
istics of the perpendicular boundary layer with changes in spanwise sta-
tion, contrary to the simple sweep theory., The idea arises that an exten-
sion of the simple sweep theory similar to the extension mentioned above
for the pressure distribution may mzke it possible to determine the normal
component of boundary layer flow on the basis of the local 1ift coefficient
and dynamic pressure, both based on the normal component of the free-stream
flow. In order to estsblish the validity of this approach it would be nec~-
essary to establish two principles, namely, that the family of shapes that
the normal boundary layer velocity profile can assume as the ' fullness®
is varied by pressure gradients is the same regardless of sweepback, and
that the effects of pressure gradients in the normal direction on the
profile shape does not vary with sweepback, The discussion of these two
principles will be restricted here to the case of turbulent boundary lay-
er becsuse it is of primary interest in the problem under consideration.,

The family of shapes that the turbulent boundary layer velocity pro-

file can assume and the spproximate effects of pressure gradient on the
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shape were determined for straight wings by von Doenhoff and Tetervin
as reported in ieference 9. It was shown that the profile shape can be
described by a single shape parameter H, which is the ratio of the dis-
placement to the momentum thickness., 4An emprical formula was obtained
relating the shape parameter to the initial shape and momentum thickness
and the pressure gradient. The results presented are based on a consid=-
erable number of tests of airfoils and other shapes. The variation in
profile shape with the shape parameter is also presented in reference 10,
The latter variation was obtained from tests on a specially designed
large~scale two-dimensional body, and although there are some slight sys-
tematic discrepancies agreement with the results presented in Reference-
9 is quite good. It is concluded that the family of possible turbulent
boundary layer profiles is established with reasonable engineering accur-
acy for unswept bodies.

Turbulent boundary layer profile shape variation for the normal flow
is available for a 20-degree-swept back wing of aspect ratio about 4.5
in QReference 11. The generalization of the profile shape in terms of the
shape parameter shown is essentially the same as the generalizations of
References 9 and 10 for streight, two-dimensional shapes. Because the
sweepback angle was small, however, it is not possible to conclude from
the results of deference 11 that the normal velocity profile is independ-
ent of sweepback and spanwise pressure gradients,

Localized separation of a laminer boundary layer followed by transi-
tion of the detached flow and re-attachment of the resulting turbulent
boundary layer has been observed in many instences over the past twenty
years, This phenomenon, which is generally referred to as laminar
" bubble' formation, is discussed in detail in a recent report (Reference

12).
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No complete analysis of the " bubble't problem has yet been made, but it
is known to lead to appreciable changes in the pressure distribution and
increases in the rate of change of 1lift with angle of attack., The ef=-
fect of sweepback on locslized laminar separation is not availsble, but
it would certainly be expected to prove a serious limitation to any known
method of analyzing pressure distributicn or boundary layer on swept back
wings.

The methods of analysis and the generalizations mentioned above shed
a great deal of light on the picture of boundary lsyer flow phenomena.
In certain special cases it is possible to determine accurately the flow
field on a swept back body. However, the limits of applicability of the
varicus concepts are not well established, and there is not sufficient
information to establish good general ideas of what happens when the lim-
its of applicebllity are exceeded. JSome of the concepts which appear
promising for use in swept wing flow analysis need further verification
to establish their vaelidity.

rurposes of tne Tests Jdeported Hereln

In order to apply some of the more promising stall control devices
in the development of swept back wing configurations with satisfactory
stall cheracteristics and with less welght and drag than present desiens,
mere informetion is needed on the general nature of boundary layer flow
and pressure distribution, The tests reported here were made to suprly
some of this general informetion and to check concepts that had been
previously advanced, It was felt that the szmount of testing necessary
to find satisfactory configurations could be grestly reduced if sufficient
generalizations could be made from the results of simple tests such as

these, In relation to the actusal design problem of obtaining satisfactory
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pitching-moment variation at the stall, the subject tests are concerned
only with that part of the problem associated with the separation of flow
that causes stall, This report does not consider the effects of the
character of the stall on the pitching moment or the question of what
constitutes satisfectory pitching-moment variastion,

Specifically, the tests reported in this thesis were made for the
following purposes:

1. To determine the variation with sweepback and aspect ratio of
wing surface pressure distribution as a function of angle of attack.,

It was felt that this information would give 2 general insight into the
character of stall development and would vrovide an essential part, along
with measurements of flow direction and boundary layer thickness, of the
picture of czuses and effects of changes in boundary layer flow with
angle of attack,

2. To determine reglons of applicability of the use of the refined
simple sweep thecry in determining pressure distribution,

3. To compere theoretical and actual span load distribution to gain
insight into stall development by noting variastions with wing planform
of tnhe deviation between the two,

4, To determine the flow direction in the boundary layer for the
various planforms.

5. To determine variations in boundary leyer thickness for various
planforms,

6. To determine generalized boundary layer characteristics to com~
pare with previous generalizations for straisht wings and to determine

if straight-wing generalizations can be extended to swept back wings,



11

II EXPERIMENTAL APPARATUS

Mnd Tunnel

The low=-speed wind tunnel at the El Segundo Division of the Dougles
Mircraft Company, Inc. was used for the testing. A sketch of this wind
tunnel is given in Figure 1. It is of the closed-return type, cperating
at stmospheric pressure, and capable of producing wind velocities up to
250 ft/sec in the 30~ by 45-inch test section, For the present tests
a tunnel boundary layer bleed was provided on one of the walls of the
test section, where the model was mounted. The boundary layer air that
was bled from the tunnel was drawn off by an aﬁxiliary bl ower,

Model and Installation

One wing model, having an NACA 631—012 airfoil section perpendicular
to the leading edge, w@as used throughout the tests. The wing had a chord
of six inches and was not tapered. It was mounted as a reflection plane
(half-span) model on the wall of the test section., Various planforms
were obtained by sliding the wing in and out of the test section and ro-
tating it about a vertical axis. A sketch of the model is given in
Figure 2. The wing core was made of steel and the surface of mehogany.

Copper tubes running spanwise were fitted for use in the measureﬁent
of surface static-pressure distribution, Thé tubes were installed pro-
jecting slightly beyond the wing contour and were filed down flush with
the surface, each tube leaving a copper strip about one-half the tube
diameter wide in the wing surface, Holes were drilled in the tubes at
1 1/2 inch intervals along the span, The ends of the tubes at the wing
tip were sealed off and the tubes were led out to a manometer board through
the root end of the wing.

The wing was fitted with a different tip for each angle of sweep~

back., The tip fairings were rounded in front view, and in each case the
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line of intersection of the tip falring and the basic wing was parallel
to the wind stream, A roughness strip about 3/16 inch wide was attached
to the wing at 7 1/2 percent of the chord from the leading edge to fix
boundary layer transition. Two transition strips were used in the course
of the tests; both were obtained by removing the paper from the back of
regular commercial sandpaper. The first strip used was obtained from
No. 2 sandpaper and projected about 0,018 inch from the wing surface.
For the latter part of the tests the transition strip was obtained from
No, 1/0 sandpeper and projected about 0,010 inch,

The model was projected into the wind tunnel through a hole in the
side of the test section and was supported by structure outside the wind
tunnel. The hole where the wing passed through the tunnel wall was feir-
ed out and sealed off so that the wing was effectively mounted on a re~
flection plane. The wing was clamped to a heavy plate, which could be
rotated to chanee the sngle of attack of the model, Variation of angle
of attack was accomplished by movement of a lever attached to the heavy
plate on which the model was mounted, The other end of the lever was
clamped to the supporting structure te hold the wing in position when
angle of attack was set,

The wing extended into the tunnel through a hole cut in a circular
dsc which made up part of the test section wall. This circuler disc
was attached to the same plate on which the model was clamped and rotated
with the model when angle of attack was changed. The zero angle of at=-
tack position of the wing was determined by verying the angle until the
pressures measured on the upper and lower surfaces of the wing were =sgual,
A protractor scsle was then marked on the circular plate in the side of

the tunnel from which other angle of attack settings could be determined,
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Thne test installation is illustrated in Figure 3,

Instrumentation

Static pressure distribution on the wing surface was measured by
means of the spanwise-running tubes mentioned in the description of the
model. The tubes were sezled at the tip end and passed out of the test
section through the root end, whence they were connected to a multiple-
tube manometer, Jmall holes were drilled in each tube at freguent in-
tervals along the span, Pressure distributicn data were obtained by
sealing of f with Scotch tape all but one hole in each tube, detemining
the pressure at points where the holes were uncovered,‘changing the tape
to uncover a new set of holes, and repeating the process until all the
desired data were obtained.

Total pressure and flow direction in the boundary layer were meas-
ured by an instrument designed and built especially for these tests, A
sketch of this instrument is shown in Figure 4, end it cen be seen in
opersting position below the wing in Figure 3. The instrument itself
consisted of two basic parts, a structural body of 3/4-inch pipe and a
central shaft which could be rotated and moved vertically inside the
structural body and on which the pick-up head was mounted. The instru-
ment projected through the tunnel floor and the operator menipulated it
and took readings frem e point below the test section.

4 movable mounting in tne floor of the test sectlon was provided
for tne instrument so that it could be snifted to various positions on

+

the surface of the medel., The upper part of the structural body of the

6]

1

instrument ended in a cork-pedded "foctl, which was off-set ipn the douwn-—

<

i

stresm direction from the pick-up head to avold interference with the

measurements, 'The body of the instrument could be moved vertically, end



14

during the tests the "foot" rested against the surface of the wing. Tae

"foot" maintained s rizid connection between the wing and the body o

s

the instrument and minimized errors in the relative position of the meas-

uring hesd the the wing,

A screw jack was provided to change the verticel position of the

J &

central sheft in the body of the instrument, and their relstive movement

could be read from a dial-type displacement gauge mounted below the floor

of the test section., dlectrical connections were provided from the pick=
up head to one side of a2 resistance gauge and from the copper tubes in

the wing surface to the other side of the cauce, Boundsry leyver measure-
ments were made at points where tubes were located in the surfece of the
wing, so thet when the pick-~up head was brougsnt in conbact with the sur-
face of the wing an elactricel circuit was completed, and this was repgis~
tered on the resistance seuge, It was possible to determine the starting
point for the distence measuremsnts in tihis manner to a high degree of
accuracy. «ith the pick-up nead in contact with the wing, the dial gauge
#gs set to a value of one-half the heisht of the tubes in the pick=-up
nead (0,012 inch). This made it possible to read directly from the dial
gauge the distance of the center of the tubes in the pick-up head from
the surface of the wing,

the instrument consisted of three flattened

jo N

)

The pick-up head o

1/32-inch (outside diameter) tubes which were attached together side by

side in & plane parallel to the wing surface and with open ends of the

3

tubes pointing upstream (Figure 4). Tne two outside tubes were about

L

one tube diameter shorter thsn the center tube and were cut off at
engle of about 30 degrses to the axis of the tubes, This was done to

provide lower total-pressure recovery for the side tubes when the pick-un
by + 3 ud
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head was aligned with the flow, and thus improve the sensitivity of the
instrument to yaw., The three tubes were led out throush the central
shaft to a manometer boesrd beneath the test section. After setting the
pick-up head a given distance from the surface of the wing the operator
could rotate the instrument until the two side tubes registered the same
pressure, The flow direction could then be read from a protractor which
showed the angular position of the pick-up head with respect to the free-
stream direction and the total pressure could be read from the center
tube manometer indication.

An adjustment was provided so that the tubes of the pick-up head
could be re-aligned with the surface of the wing when the ansle of attack

was changed or the position of the instrument on the wing was varied,
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ITT TE3TS AND ANALYSIS OF THE DATA

Test Conditions and Configurations

Six dif ferent wing planforms were used; sweepback angles of 0, 20,

35, and 45 degrees were tested with an aspect ratio of 6, and with 35 de-
grees sweepback, aspect ratios of 4 and 8 were also tested., Measurements
were made at many points on each planform, as determined by requirements
for the establishment of spanwise and chordwise variations of the results
and by the limitations of the instrumentetion. 3Static-pressure measure-
ments were made at 5, 10, 15, 20, 30, 40, 50, 60, 70 and 80 percent of

the chord from the leading edge of the wing, 2nd boundary layer surveys
were made at 15, 40, 60 and 80 percent chord positions. The spanwise dis-
tribution of ststions tested varied amoneg the planforms and is shown in
the presentation of many of the data,

The free-stream velocity was approximately 235 ft/sec for all the
tests, resulting in a Heynolds number based on the normal flow of about 7.5
x 105%cos .. The use of constant velocity rather than constant perpendicu-
lar flow Reynolds number was chosen to keep the Reynolds number as high as
possible and to simplify the data reduction. The Mach number for the tests
was about 0,2,

The boundary layer present on the wall of the test section where the
wing was mounted is shown in Figure 5. The tunnel boundary layer bleed
flow required to obtain the minimum boundary layer thickness where the wing
was mounted was determined with the wing removed, and the bleed flow was
set at this amount for all tests,

Test Procedure

#ith the model clamped in position for a particular planform, the test-

ing procedure was as follows: The scotch tepe was removed at one spanwise
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station and surfsce pressure distribution data were taken for the rence
of angles of attack covered in the tests, Boundary layer characteristics
#ere then measured for each angle of attack to complete the tests for that
spanwise station., Next, the static-vressure holes were covered and snother
set of holes was uncovered, The same testing procedure was then repeated
for the new station, and so on until the complete planform had besn covered,

The verious dats were taeken visusally by one person, who transmitted
them by telephone to aznother who recorded the velues znd reducsd some of
the data, It was possible for the operstor of the boundary layer instru-
msnt to select, by reference to the boundery layer totsl -pressure indica-
tion, more or less cptimum height intervels for teking boundary layer data,
This procedure minimized the number of points needed in a boundary layer
traverse in order to determine the boundary layer profile,

Data Heduction

By operating the wind tunnel at constant dynamic pressure, it was pos-
sible to read the pressure dsta in coefficient form. The pressurs coeffic-
ients were read from specially prepared scales on the msnometer psnels and
were given in the form Cp = Pmeasured - p, . For wing surface pressure

3 o
distribution, the coefficients were plotted directly, and the pressures
were extrapolated over the forward 5 percent and rear 20 percent of the
chord where no msasurenents were taken, using theoreticel pressure distri-

bution as a2 guide in the extrapolation. The local 1ift coefficients were

found by plenimetry of the areas inside the pressure distribution plots.

1
Cp =J (cpp - Cpg ) 4 (s/c).
o}

Local 1ift cosfficient was plotted against angle of attack and against tne

Symbolicselly,

spanwise coordinate '6%5 , of the 25-percent~cihord point of each pressure
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measuring station to show the spanwise distribution of 1lift. The areas
under the span-load curves were determined to find the total wing 1ift
coefficients,

In order to compare the chordwise pressure distributions for various
planforms and spanwise stations on the basis of the same local 1ift coef-
ficient bezsed on the normal flow, the pressure data were cross-plotted
against angle of attack. The angle of attack corresponding to a given
1ift coefficient was determined from a plot relating these two variables.
For a given Cp it was possible, then, to find Cp = Czn/cos2jk , and the
corresponding angle of attack, and read the pressure distribution from the
cross plot, These pressures were then resolved to find the pressure coef-
ficient based on the normal flow,

Cp= Cp/coszJN_.
Total pressures in the boundary layer were also read directly in co-

efficient form,

Cpt =py -p
%o
The person recording the data was supplied with a plot of the incompressible

boundary layer relation,

A th Cp determined previously vp/Vyp could be read from the chart as the
boundary layer total pressure data were taken at each point in a traverse,
Using this procedure, the boundary layer total-pressure data were recorded
as plots of resultant-velocity profiles vg/VR vs. the distance from the
wing surface 2z, and the measured flow directions were recorded for each

point in the profiles, Displacement thickness of the resultant boundary

layer was determined to give an indication of the boundary layer growth
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over the wing, The usual two~dimensional definition was applied to the

resultant profile,
3 S
$. = Sa-%) .
o T

The boundary layer profiles were resolved to find the normal component
of the flow field. The normal boundary layer velocity ratio Vn/ V, was

calculated from the relation

Yn = VR cos (A+q) .,
Vn VR cos (/\.*‘(bs)

The displacement and momentum thicknesses of the normal boundary lay-
er were found by planimetry of the areas defined by the velocity profiles,

consistent with the thickness definitions,

S
S"'f: r(l—zr_l) dz and
n o Vn
2
(M _Yn)
= ——— d.
=) T, TF N #

The shape parameter for the perpendicular boundary layer was calculated
from
H, = S*n ’
O n
and v, / W, was read from a large number of profiles at constant values

of 2/ p. From this, a plot of wvn / Vq vs. Hy and z/ [, was made

for comparison with two-dimensional generalizations of the ssme form,
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IV SXFEIMENTAL RESULTS

Accuracy and Lpplicability

The most severe limitations on the aprlicability of the results of
the tests reported here were caused by the small scale of the model., The
fleynolds number was only a small fraction of representative full=-scale
values, and the test results ceannot be considered as representing accur-
ately the phenomena for full-scale wings, but rather as showing general
trends and possible generalizations. The use of roughness strips to fix
boundary layer transition neer the leading edge overcame the small-sczle
problem of shifting transition and made the results more consistent and
more representetive of full-scale conditions. However, the artificial dis-
turbance created by the roughness strips caused an addit’®onal zporoximation
to be made in the rspresentation of the full-scele phenomena. The effects
of the transition strips on the boundary layer profiles 2re shown in Fig-
ure 6. It will be noted tnat there appears a definite wake of the strip
in the boundary layer profiles, The results for 12-degree angle of attack
show the large effect of the transition strips on the separation. The
strips ere apparently acting as miniature vortex generstors, mixing high-
energy sir with the eir flowing near the surface and thus forestalling sep-
aretion, The effect of the 3cotch tape used to segl the holes in the sur-
face pressure tubes is also shown in Figure 6. Although some differences
appear between tests with tape and without, the boundary layer profiles do
not seem to be greatly affected. Tne boundary layer results, particularly
the velocity profile shepes, are somewhat depreciated in value by the ef=-
fects of the roughness strip and tape, Because of the lzrge effects of
Reynolds number and the roughness strips on the boundary leyer thickness,

the magnitudes of tnickness mezsured in the subject tests have no signifi-
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cance in application to full~scale problems, However, the nsture of the
varistion of boundary layer thickness over the wing is felt to be somewhat
representative of full-scale variations,

No particular attention wes devoted to obtaining extreme accuracies
in the test measurements, because it was felt that the presence of serious
limitations on scale did not justify great accuracy. Angle of attack set-
ting was accurate to within about one-~fourth of a degree; however, deflec-
tions of the model and flow asymmetries in the wind tunnel probably caused
errors as high as a degree or more, Some smell irregularities in the sur-
face of the model were noted, but calibration tests at zero angle of at~
tack showed their effect to be small, No correction for the effects of
wind tunnel wall interference has been made, since sample calculations show-
ed these effects to be small compared with the other approximations in the
tests,

Most of the pressure measurements are probably accurate to within
about 0.02 of the free-stream dynamic pressure, although a few of the data
were considerably more in error due to leaks in the pressure leads. Flow
direction was determined to within about 2 degrees except very near the
wing surface, where the accuracy was rather poor due to the low velccities.
For the boundary layer tests, distances from the wing surface were probably
in error no more than about 0,01 inch,

The measurements made in the subject tests were checked for consistency
by repeating parts of the tests after intervening model changes. The re-
sults of these repeatability tests are shown in Figure 7. Good agreement
between the basic and check test data indicates that the measurements dur-
ing the tests are probsbly quite consistent among the various measuring

points and planforms tested,
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Surface Pressure Distribution and Lift

The wing surface pressure data are given in the form of chordwise-
pressure~distribution plots on isometric drawings of the wing planforms
in Figures 8 and 9. The effect of sweepback for an aspect ratio of six is
shown in Figure 8 and the effect of aspect ratio for a sweepback of 35 de-
grees in Figure 9, The variations in sweepback and aspect ratio are both
shown for the four angles of attack, 4, 8, 10 and 12 degrees, that were
used in the tests,

It was not possible to measure pressures at the root and tip of the
wing; however, pressures were measured within about a quarter chord of the
wing ends., From the data obtained a slight amount of longitudinal shift in
the pressure peaks can be noted for the wings with sweepback, but it appears
that the effects of the tip and root on the pressure distribution decrease
to a very small value in less than one-half the chord length from the wing
ends,

Fer angles of attack of 4 and 8 degrees the pressure distributions ap-
pear quite regular outside of some scatter of the data for all the planforms
except the 45-degree-swept back wing, where a slight disturbance of the reg-
ular pressure distribution appears (Figure 8), The disturbance appears to
originate about one quarter of the semi-span from the root as a local de-
crease in the suction-surface pressure near the leading edge, The local-
ized decrease in pressure is farther aft at the more outboard measuring sta-
tions and has disappeared on the outboard 20 percent of the semi-span, appar-
ently having passed off the trailing edge.

For the higher angles of attack, 10 and 12 degrees, the pressure dis-
tributions become more irregular, especially for the higher sweepback angles.

Tne type of pressure disturbance noted avove is present in several cases at
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the higher angles of attack, and in some cases there appear to be two sep-
arate disturbances. In some of the more extreme cases the disturbances
give essentially constant pressure for a distance on the upper surface,
and from this it is supposed that they are associated with localized sep-
aration. Most of the boundary layer profiles have reversals in the vel-
ocity veriation with distance from the wing surface at points of severe
pressure disturbance, and some of the profiles of the normal flow show sep-
aration., It is thought that this localized, laminar "bubble" type of sep-
aration leads to the formation of a continuous vortex stresk, which streams
outboard and aft, accounting for the noted variation in location of the
disturbence, The separation streak has an increasing effect on the pres-
sure distribution as the sweepback is increased, as can be seen from Fig-
ure 8, The higher-aspect-ratio planforms alsoc seem to be slightly more af-
fected than the lower aspect ratios.

It can be noted that at 12 degrees angle of attack at a peint about
one-third of the semi-span inboard from the tip on the 35-degree-sweepback
planforms of aspect ratio 6 and 8 there is an indication of separation over
the entire chord length, However, there is some pressure recovery, indicat-
ing a tendency toward re~attachment of the flow, A spreading-out of the
separation streak over a larger chordwise distance can be noted as the dis-
tance from the origin of the stresk is increased. It may be that the com-
prlete separation noted above is the result of this spreadine-out process.

These tests do not show enough detail to describe the type of separa-
tion noted adequately. It does appear from the test results, however, that
laminar "oubble' type of separation can lead to the formation of a separa-
tion vortex strezk which streams outboard and aft and has the same effect

in locally decreasing the surface pressure as a similarly situated ridee on
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the wing surface. It should be noted that it is not certain thst the
boundary layer is laminar at the origin of the separation stresk and that
it is definitely turbulent over the greater part of the length of the
stresk., Thus it appears that localized separetion with subssquent re-
attachment of the flow can occur with a turbulent boundary layer, in the
case of swept back wings, at least for the low Reynolds numbers of the
present tests,

The variation in local 1ift coefficient with angle of attack, as de-
termined from the surface pressure measurements, i1s presented in Figure 10
for several spanwise stations for each of the planforms tested. For zero
and 20 degrees sweepback the locel 1ift curves are of the usual, two-dimen—
sional form with constant slope at low engles and decreasing slope at high-
er angles as the stsll is approached, However, for the higher sweepback
angles some of the local 1ift curves show an increase in slope at about 10
degrees angle of attack. This increase in slope is caused by the local
separation phenomenon that is discussed above, The separation of the per=-
pendicular flow causes an effective increase in the thickness and camber

of the wing., It can be noted that the local 1ift curves showines the ine-
g g

o

rease in slope at high angles of attack are for adjacent spanwise mezsur—
ing stations in each plenform case, This lends further cradence to the
idea that a continuous vortex separation streask is formed, csusing the un-
usual varistion in pressure distribution noted above,

The spanwise distribution of 1ift for the verious planforms tested is
presented in Figure 11 with & comparison of the distribution found for the
same totel 1ift coefficient using the Jelssinger theory, Lerge discrepan-
cies between the test and theoretical results are noted, particularly for

the higher sweepback angles, The outboerd shift of the center of pressure
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with increasing sweepback is much less pronounced than that predicted by
theory. For zero sweépbeck the 1ift near the tip is hipgher than predicted
and for other sweep sngles it is lower except very near the tip, The sim-
ilarity in shape of the span-load curves for variocus angles of attack is
seen to hold very well for angles of 4 and & degrses for 211 planforms,
For the higher angles of attack, however, there are some pronounced changes
in the shape of the span-load curves, especially for the higher swespback
eangles., For an aspect ratio of 6 the change in shape is very proncunced
between 10 and 12 degrees angle of attack for a sweepback angle of 35 de-
grees and is less pronounced, yet definitely present for 45 degrees sweep=-
back between 8 and 10 degrees angle of attack. In these cases stall at
the tips is evident with regions of high local 1ift in the center of the
semi-span, which can be seen from the surface pressure distribution plots
to be caused by the localized sepsration phenomenon,

The total 1ift for the various wing planforms as found from integra-
tion of the span-lozd curves is presented in Figure 12 as a function of
angle of attack. The curves for aspect ratio 6 for 35 and 45 degrees
sweepback and the aspect ratio 4, 35 degree sweepback curves exhibit an
increase in slope between 10 and 12 degrees due to the locelized separa-
tion. It can be seen that the slope for low angles of attack increases
with aspect ratio as predicted by the Prendtl wing theory in changing from
4 to 6 aspect ratio at 35 degrees sweepback, However, very little change
in Jift-curve slope is indicated for a further increase in aspect ratio to
8., The reason for this is not apparent. The simple sweep théoryrfor in-
finite span predicts 2 veriation in lift-curve slope with sweepback as

follows:
cos AL

doc/a doc l&=0

ch) _dog
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feducing the slope of the various planforms of aspect ratio 6 to zero

sweepback using this formuls, the values presented in the table below are

obtained,
A (degrees) cos A €L (dgggee) aC1 / cos A
doc doe
0 1.0 0675 0675
20 940 .0638 0679
35 819 .0550 L0672
45 707 . 0498 0704

It appears that the simple sweep theory works quite well in predicting the
variation in total-lift-curve slope with sweepback, particularly for sweep-
back angles up to 35 degrees, This agress with the results of previous
experiments (cf. Ref. 2). The increase in lift-curve sl ope reduced to
zero sweepback for the 45-degree planformm is probably due to the effect of
the root and the tip tending to make part of the wing act as if it were
not swept as much.

In Figure 13 the pressure distribution based on the normal flow is
compared for the various sweephack angles at an aspect ratio of 6 and for
several spanwise stations to indicate the validity of the extended simple
sweep theory in predicting pressure distribution. It can be seen that the
variation with sweepback is greatest near the root and the tips, as would
be expected due to the longitudinal shift in pressure pattern at those lo-
cations, For the mid-semi-span station, 2y/b =~ .45, the agreement among
the various sweepback angles is good for the low-lift case, Cp/ cos2/\.=04,
but this agreement deteriorates as the 1ift is increased. No systematic
variation with sweepback is noted in this generalization except near the
root and tip, where the longitudinal shift in pressure pattern can be seen
to a certain extent. JSome of the variation in resolved pressure distribu-

tions with sweepback is probably caused by unavoidable inconsistencies in
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extrapolation of the measured pressure data over the forward 5 percent and
aft 20 percent of the chord,

Boundary Layer Thickness and Flow Direction Near .dng surface

The displacement thickness of the resultant boundary layer flow is pre-
sented in Figures 14 through 17 in the form of contour plots on drawings of
the various wing planforms. Arrows indicating the flow direction at the
nearest point to the surface where measurements were taken (0,012 inches
from the wing surface to the center of the pick-up tubes) are also included.
The contours and flow direction arrows are shown only on those portions of
the wing where measurements were taken, and this accounts for the blank
spaces near the root and tip ends of the wings.

In several cases a maximum boundary layer thickness was reached about
20 percent of the chord from the leading edge followed by a decrease in the
thickness and finally an increase again. It is not apparent what caused
such a variation, but it is felt that the fact that it occurred in several
different cases indicates that such a phenomenon actgally can exist on a
wing and was not caused in this case by errors in measurement or imperfec-
tions in the wing surface. No systematic variation of the peaking of the
boundary layer thickness is apparent.

The regions in which the boundary layer measurements showed reversals
in the variation of resultant velocity with distance from the wing surface
are indicated in Figures 14 through 17 as regions of separated flow. This
is not, of course, a rigorous definition; however, it was found that in such
regions the boundary layer thickness behaved in an erratic manner. There-
fore, it was felt that this criterion for separation described the onset of
disturbances leading to stall as well as or better than other possible cri-
teria,

The effect of outflow in the boundary layer on the swept back planforms
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can be noted especially for the nigher angles of attack, where the bound-
ary layer thickness increases sharply toward the outboard trailing edge,
It is also interesting to note the relation between the flow direction and
the rate of increase of boundary layer thickness, which relation shows a
decided increase in the out-flow in the regions where the thickness is in=-
creasing rapidly. Comparing the regions of separated flow with the surface
pressure disturbances of Figures 8 and 9 shows some correlation between the
occurrence of the two phenomena. However, the correlation is not complete,
indicating that it is possible to have locaslized pressure disturbances with-
out reversals in the resultant boundary layer profiles and vice versa.

Generaslization of the Normal Component of Boundary Layer Flow

In order to check the concept that the family of profile shapes assum=
ed by the normal component of boundary layer flow is independent of sweep-
back, the shapes of a large number of boundary layer profiles for each sweep=-
back for an aspect ratio of 6 are presented in Figures 18 through 21 in the
form of plots of the boundary layer velocity ratio vy /Vy vs. the shape
parameter H, for constant values of =z/@,. Curves have been faired
through the data points, which are quite badly scattered. The generaliza-
tions of shape thus obtained are plotted in Figure 22 in the form of symbols
spaced at intervals and representing the faired lines for the variocus sweep-
back angles of Figures 18 through 21, The generslizations of boundary layer
profile shape found previously for unswept bodies are shown for compsrison,
There appears no systematic effect of swespback on the generalization and
the agreement with the previous generalizations for no sweepback is good,

particularly with that of seference 10,
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V CONCIUSICNS

Because of the low Reynolds number and other limitastions of the tests
reported here it is not possible to draw conclusions on a quantitative
basis for application to the design of full-scale airplanes. However, the
following items, which may be applicable at full scale on a qualitative
basis, can be concluded from these tests,

1. Localized regions of separation followed by re-attachment of the
flow can occur at angles of attack somewhat below the stall on swept back
wings. Tne region of separstion starts‘near the leading edge and runs
cutboard and aft in a continuous vortex stresk., The separation leads to
a localized increase in 1lift similar tc the asction of 2 smooth bump on the
wing surface,

2. Considerable discrepancy can exist between the spanwise distribu~
tion of 1ift as obtained by test and as predicted by the deissinger theory
at 1ift coefficients somewhat below the stall, especially in cases where
separation stresks are present.

3. The generglization of chordwise pressure distribution feor various
sweepback angles on the basis of the local 1lift coefficient and the normal
component of flow is fairly accurate at low and moderate 11ft coefficients,
except in the vicinity of the root and tip of the wing, where longitudinel
shifts in the pressure patierns cause apprecisble error, The effects of
the root and tip on the pressure patterns have decressed to very small
emounts by one-half chord distance from either root or tip.

4, 3urface pressure distribution, boundary layer thickness and flow
direction near the wing surfoce are related in a complex manner, No at-
tempt has been made here to describe the relation among these factors.

3olution of thneir interaction effects will probsbly require solution of
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the individual components, such as the causes and effects of the separa-
tion streak, effects of pressure gradients on the boundsry layer of swept
back wings, ete,

5. The normal component of turbulent boundary layer flow on a swept
back wing assumes a family of velocity profile shapes that can be describ-
ed by one parameter. This generslization is independent of sweepback
angle, and the family of boundary layer profile shapes found by earlier
research on unswept bodies agrees well with thst found from the tests re-
ported here, If 2 generalization of the effect of pressure gradients on
the normal component of boundary layer flow can be established for swept
back wings, the shape generalization can be used in connection with the
pressure gradient effect to predict quantitatively some of the boundary

layer growth phenomena on swept back wings.
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EFFECT OF SWEEPBACK AND ANGLE OF ATTACK ON SURFACE PRESSURE DISTRIBUTION
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CFFECT OF ASPECT RATIO AND ANGLE OF ATTACK ON SURFACE PRESSURE DISTRIBUTION — SWEEPBACK =35

ANGLE OF ATTACK = 4° ANGLE OF ATTACK = 10"
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BOUNDARY LAYER THICKNESS AND FLOW DIRECTION NEAR WING SURFACE
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BOUNDARY LAYER THICKNESS AND FLOW DIRECTION NEAR WING SURFACE
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BOUNDARY LAYER THICKNESS AND FLOW DIRECTION NEAR WING SURFACE
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